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ABSTRACT 
The report considers the feasibility of a guidance and control concept to pro-
vide trajectory control for a lifting configuration with roll modulation. Roll 
control is obtained without reaction controls or aerodynamic flaps by incorpor-
ating a motor driven moveable weight (control mass). Hardware components 
required include a longitudinal accelerometer, two visible light horizon sensors, 
a roll rate gyro, and guidance electronics. Entry is assumed 'GO occur after 
separating from a spinning, inertially stable, burned out rocket motor at an 
altitude aoove the sensible atmosphere. 
Results of the study indicate: (1) the guidance and control concept provides 
,trajectory control that enables simulation of manned lifting entry corridor 
environments; (2) the systEims can be packaged in small scale spacecraft; 
(3) the spacecraft can be boosted to a velocity in excess of circular orbit 
speed with a boost vehicle such as Scout; (4) the spacecraft can be despun from 
an entry· spin rate of 3 cps utilizing the control mass as the despin mechanism. 
;:; 
" '" 
.,".' 
'., t 
, / 
, '.;:' 
CONTENTS 
ABSTRACT 
SYMBOLS. 
SUMMARY • 
• • • • • • • • • • • • • • • • • • • • • • • • • • • • 
• • • • • • • • • • • · . . . · . • • • • • • • • • • • 
• • • • • • • • • • • · . . . . . • • • • • • • • • • • 
CONCEPT DESCB~PTION • • . . . . · . . . · . • • • • • • • • • • • 
Background Leading to Study • • • • • • • • • " . . . . . . · . Description of Concept • • • • • • • • • • • • • • • • • • • 
Hardware Components ................ . • • 
Roll Control • • • • • • • • • • • • • • • • • • • • • • 
· . 
Guidance • • • • • • • • • • • • • • • • • • • • • 0 • • • • 
Pre-Guidance Error Detection • • • • • • • • • • • • • • • • 
Study Scope • • • • • • \1 • • • • • • • • • • • • • • • • • 
Scout Performa.1'lce •••••••••••••••• • • 
Entry Dynamics and Despin •••••• • • • • • • • • • 
Guidance and Control • • • • • • • • • • • • • • • • • • • • 
Entry Shape ;oevelopment •••••••••••••••••• 
Heat Shield Analysis and Design •••••••••••• 
Vehicle Conceptual Design •••• • • • • • • • • • • • 
Test Environment • • • • • • • • • • • • • • • • • • • • 
VEHICLE AERODYNAMICS .. . . . . 
· . • • · . • • • • • 
. . . . • • 
• • Aerodynamic Requirements ••••••••••••••• 
Requirements for LID • • • • • • • • • • • • • • • • • • • • 
Trim Angle-of-Attack Req~rements •••••••••••• 
Roll Stability Requirements •••••••••••••••• 
Prediction of Aerodynamic Properties • • • • • • . . . . . • • 
Page 
iii 
vi 
1 
2 
2 
3 
3 
3 
6 
7 
8 
8 
8 
10 
10 
10 
10 
11 
12 
12 
12 
14 
16 
16 
Selected Configuration Characteristics •••••••••••• 22 
Effects of Ablati,nn on Trim • • • • • • • • • • • • • • • • • • 27 
VEHIOLE THERMODYNAMICS .' • • • • • • • • • • • • • • • • • • • 29 
Flow Field Criteria • • • • • • • • • • • • 
Heating Distribution • '. • • • • • • • •• 
Angle-of-Attack Effects • • • • • • • • • • 
Material Selection and Heat Shield Design • 
• • • • • • • • • • 29 
• • • • • • . • • • 30 
• • • • • • • • • • 35 
• • • • • • . • • • 35 
REENTRY GUIDANCE AND CONTROL 
.' . • • • • • • • • • • • • • • • • 44 
Guidance Requirements • • • • • • • • • • • • • • • • • • • • 
Guidance System Mechanization •••••••••••••• 
Guidance System Performance '. • • • • • • • • • • • • • • 
Con~rol Concept Development • • • • • • • • • • • • • • • • • 
Control System Mechanization and Performance • • • • • ~ • 
Despin Behavior • • • • • • • • • • • • • • • • • • • • • 
Guidance - Control - Dynamics Interaction • • • • • • • • 
:Lv 
• 4v 
• 53 
• 55 
• 58 
• 58 
• 61 
• 64 
,,' ,". 
,'" -
", 
Contents (Concl.) 
Page 
Control System Design • • • • • • • • • • • • • • • • • • • • • 68 
Component Selection •••• 0 • • • • • • • • • • • • • • • 68 
Horizon Sensor Description • 0 • • • • • • • • • • • • • • • 68 
Component Error Analysis • • • • • • • • • • • • • • • • 76 
System Synthesis and Simul.ation 0 • • • • • • .' • • • • • • • • 80 
SPACECRAFT DESIGN • • • • • • • • • • • • • · . . · . . . · . . . 82 
82 
84 
90 
92 
95 
Vehicle DescriptiQn • • • • • • • • • • • • 
· · 
• 
" • • • • • • Design Constraints and Requirements 
· 
• • • 
· 
• • • • • 
· 
0' 
· 
• 
Internal Arrangement • 
· 
• • • 0 
· 
• • 
· · 
• • • • • • • 
· 
• 
· Equipment List and Weight Breakdown 
· 
• • • • • • • • • 
· 
• • 
· Design Implications • • • 
· 
• • • • • 
· 
• • • • • • • • • • • 
· 
FLIGHT TEST PROFILE . • • • • • • • 
· 
• • • 
· 
• • • 
· · 
• • • • • 98 
Flight Test Profile Description • • • • • • • • • • • • • • • • 98 
Test Vehicle Performance ••••••••••••••••••• 101 
Scout Performance and Dispersion •••• • • • • • • • • • • • 107 
Tracking Coverage and Range Safety • • • • • • • • • • • • • • 110 
. TEST ENVIRONMENT COMPARISON • • • • • • • • • • • • • • • ••. ' • 115 
Test Sim1,lla.tion Division ••• • • • · . . . • • . . . . 115 
Trajectory Simulation • • • • • • • • 
HL-10 Trajectory Boundaries 0..... 
Test Vehicle Deceleration Boundaries and 
· • • • . . . . . . 117 
• • • • • • . • • • 117 
Trajectol"Y Simulation Capability • • • • • • • • • • ••• 
Heating Level Simulation • • • • • • • • • • • • • • • • • • 
CONCLUSIONS 
REFERENCES 
APPENDICES 
• • • • • • • • • • • • · . • • • • • • • • • 
. .' . ~ . . . . . . . . . . . . . . . . . 
• • • 
• • • 
• 123 
125 
• 131 
• 132 
A - Programmed Ueceleration Descent Properties •••••••• 135 
B .. Perturbation Equations for Trajectory Control. • • • • • • • 138 
C .. Alternate Configuration Studies • • • • • • • • • • • • • • 142 
D u Impact ~ange Prediction with Body MOUllted Accelerometer 
Measurements • • • • • • • • • • • • • • • • • • • • • • o. 151 
E - Guidance System Performance and Stability Analysis •••• 0 157 
F - Range Correction Techriique • • • • • • • • • • • • • •• • 166 
G - Roll Control System Performance and Stability Analysis •• 177 
H .. Despin Motion Characteristics for Asymmetric Lifting 
Vehicles • • • • • • • • • • • • • • • • • • • • • • • • •• 186 
I - Six-Degree of Freedom Entry Guidance and Control 
Simul.ation (EGADS) Program •••••••••••••••• 196 
J .. Derivation of Environments Simtuation Equations • • • • • • 200 
v 
, .
. ~. , 
A 
A:i.l,12 ••• 
B 11,12 ••• 
D 
g 
G 1,2 ••• 
h 
I x,y,z 
, .", ", 
',' 
SYMBOLS 
Drag deceleration - ft/sec2 
Axial acceleration - ft/sec2 
2 Reference area - ft 
Constant defined in text 
Constant defined in text 
Constant defined in text 
Axial force coefficient 
Drag coefficient 
Skin iriction coefficient 
Rolling moment coefficient 
Pitching moment coefficient 
Yawing moment coefficient 
Lift coefficient component in the vertical (altitude) 
direction 
Normal force coeffici~nt 
Pressure coefficient 
Side force coefficient 
Reference length - ft 
Drag - lbs 
2 Acceleration of gravity - ft/sec 
Constant defined in text 
Altitude - ft 
Moment of inertia - slug ft2 
Vi 
";(1 
Synlbols (Cont .) 
K 1,2,3, •• 
kx 
k 
z 
L 
m 
p 
P 
q 
• q 
-q 
r 
~ 
R 
s 
t 
V 
Vor"b 
W 
XR 
yg 
Ym 
0 
fl 
Constant defined in text 
Radius of gyration about the longitudinal axis - ft 
Radius of gyration about the lateral axis - it 
Total lift - lhs 
Mass - slugs 
Roll rate - radians/sec 
Pressure - lbS/ft2 
Pitch rate - radians/sec 
Heating rate - BTU/rt2sec 
Dynamic pressure - lbs/ft2 
Radius of the earth- 20.9 x 106 ft 
Nose tip radius - ft 
Flight range - nautical miles 
La Place transform 
Time - Sec 
Velocity - ft/sec 
Orbital veloCity in altitude range of test 25,600 t:t/sec 
Weight - lbs 
Crossrange - nautical miles 
Center of gravity displacement from centerline - ft 
Control mass center of gravity displac.ament .. ft 
Angle-of-attack - deg 
Angle of sideslip - deg or inverse scale height 
23,500 it or time constant - sec 
vii 
Symbols (Conel.) 
" e 
A 
p 
r 
w 
Flight path angle - deg 
Inertial attitude angle- deg 
Trim asymmetry orientation angle 
Atmosphere density - SlugS/ft3 
Shear stress - lbs/ft2 
Azimuth angle - deg 
Roll angle - deg 
Longitudinal principal axis inclination - deg 
. Oscillation frequency radian/sec 
viii 
;.i 
.. :.i. 
'.: . 
A NEW CONCEPT FOR CONTROLLED LIFTING ENTRY FLIGHT 
By R. L. Nelson, D.A. Price" and F. H. Delpino 
Advanced Programs, Research and Development Division 
Lockheed Missiles & Space Company 
SUMMARY 
For the future flight experiments applicable to advanced manned orbital and 
hyperbolic entry systems" a lifting trajectory capability will be required. A 
new technique has been developed which permits controlled 1ifting experiments 
with only a moderate increase in complexity over the ballistic spacecraft. Key 
to the system's simplicity io the employment of a moveable mass within the 
vehicle for roll (and trajectory) control. This study (NASA Contract NAS 1-6740) 
covers an investigation in depth to demonstrate appiicabili ty of the many con-
cept elements to a reentry spacecraft sized to Scout constraints. Study elements 
include guidance and control system design and simulation" an entry dynamics 
alld despin analysis" reentry shape development" a spacecraft conceptual deSign" 
and generation of optimized flight trajectories. The entry flight environment 
spectrum of the design is also compared to that for advanced manned entry sys-
tems. 
The results show that preCisely controlled Scout lifting reentry testing pro-
grams are practical through u'liilization of the suggested concept. Manned lifting 
reentry spacecraft heating can be duplicated by the test configura.tion both in 
level and in duration. For the flight profile selected optimum Scout performance 
is obtained with the maximum speed capability of 29,,000 ft/sec indicated. The 
concept was not restricted by the Scout's volume and weight limita.tions. The 
concepted spacecraft hl3.d a weight of 190 lbs. and contained the guidance and 
control system" a complete data and ground command system" and a recovery sys-
tem. 
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1. CONCEPr DESCRIPrION 
. " 1.1 .l3aukground Leading to the Study 
With the crystalizing of requirements for the next genera"t1on of manned 
orbiting spacecrafts, especially those considerations relating to improvea 
entry and space maneuverability and reuseability, it has become apparent 
that applicable lifting reentry model flight tests will be required. 
For these applications it is unlikely that ballistic flight tests will 
provide sufficient environment ~imulation to make such tests attractive. 
Of comparable importance, the attainment of controlled flight conditions 
through active guidance and the minimization of oscillatory motion can 
add considerably to the value of the tests. 
In addition, the extension of these lifting entry flight test techniques 
to hyperbolic speeds required for planetary return mission research is 
also deSirable. A controlled lifting entry can provide improved simula-
tion and an added degree of simulation fl'exibility. 
Because of the high cost of reentry flight testing, good simulation 
and minimization of the cost, complexity,and weight of the lifting 
reentry test model are almost mandatory. (Model development and test-
ing costs which approach prototype costs are not saleable). 
With these considerations in mind, a concept was formulated in the 
winter of 1964-1965 which appeared to be sufficiently attractive to 
suggest lifting entry tests from orbital velocity with the Scout as 
the injection vehicle. This study (NASA Contract NAS 1 .. 6740) covers 
an integrated investigation in depth to demonstrate applicability bf 
the many concept elements to future NASA lifting entry testing. 
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1.2 Description of the Concept 
1.2.1 Trajectory Control 
During reentry, the spa.cecraft is constrained to following preset deceleration 
history. A longitudinal accelerometer senses the acceleration error which 
provides the counnand to adjust the lift for climb or dive to the proper flight 
altitude. Thus, the atmosphere is used as an acceleration control device. A 
constant (1 g) deceleration progrwm was chosen for study because of its simpli-
ci ty • This level is also in the renge of interest for manned lifting entry. 
Because of its good accuracy, as will be shown later, this approach has general 
application to manned and urunanned controlled entry. The configuration vertical 
lift is adjusted by rolling the spacecraft rather then by changing the angle-
of-attack and thus follows the Gemini-Apollo control approach. 
1.2.2 Hardware Components 
The hardware philosophy was that minimum equipment additivns would be permitted 
over those required for the ballistic entry spacecraft thus far flown on Scout. 
The evolved system concept ingredients for trajectory control are depicted in 
Fig. 1.1. The spacecraft configuration is modified sufficiently to provide 
the necessary aerodynamic lift while maintaining some of the desirable features 
of ballistic spacecraft such as flow s~netry and simplicity and the maintenance 
of good pitch stability. The major control element consists of a motor driven 
moveable weight (control mass) which together with the fixed body lift provides 
roll torques. To the longitudinal accelerometer normally required for recon-
structing a ballistic spacecraft trajectory, a simple visible light horiZon 
sensor, a roll rate gyro, and guidance and control electronics are added to 
provide trajectory control. This il'epresents the total change from a ballistic 
spacecraft. Note that no externt.J. aerodynamiC control surfaces are employed. 
Fig. 1.2 summarizes the application of these guidance and control system elements 
to the lifting reentry flight system. 
As shown in the left hand plot of Fig. 1.2, the control mass is displaced 
laterally and held fixed during the initial portion of the re~ntry to provide 
3 
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the braking moment for des pin, since the lift can provide an opposing moment 
about the offset center of gravity. This application of the control mass 
eliminates the requirement for despin reaction controls on the spacecraft. 
Since spin is maintained down into the atmosphere whre des pin is accomplished 
by aerodynamic action, the boost trajectory can be shaped to provide an angle-
of-attack at burnout of the spinning last stage that results in a near zero 
angle-of-attack at atmospheric entry and is essent~ally unaffected by errors 
in time of entry. 
After despin, the control mass zeros roll torques due to aerodynamic asymmetry 
and errors in lateral center of gravity positiqn, thus eliminating controls or 
aerodynamic flaps for maintaining roll control. Finally, the control I!iass is 
displaced laterally from the zero position to provide the roll attitude posi-
tioning necessary for trajectory control. 
The roll (:ontrol concept was arrived at follOWing studies of the roll-pitch 
coupling problems of reentering and ascent vehicles and the identification of 
mass and aerodY11amic asymmetries as the source and mechanism for the loss of 
roll rate control and dynamic instability (Ref. 1 and 2 ). 
1.2.4 Guidance 
Inherent aerodynamic stability of the reentry configuration can provide the 
guidance reference system if the spacecraft is configured to have good pitch 
stability. This approach eliminates the need for an onboard inertial reference 
package or platform. A precise longitudinal accelerometer is aligned ,to the 
expected velocity vector direction. The concept infers that the trim angle-of-
attack can be predicted to good accuracy on the basis of pre-flight e,stimates, 
wind tunnel testings, and flight calibration. 
As describ.ed above, the reentry spacecraft is constrained to follow a controlled 
drag deceleration history. The benefits from following a Preset drag decelera-
tion history are not immediately obvious. Appendix A shows some key features 
for a number of physically desirable reentry descents based on the relation-
ships derived in Ref. 3. As shown in Appendix A, a controlled drag deceleration 
profile provides the following benefits: 
6 
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1) FUght path control is achieved 
2) Range control is achieved 
3) The trajectory adjusts for aerodynamic and ail' density 
uncertainties 
The spacecraft is not disturbed in pitch for trajectory control since it relies 
on its aerQdynamic stability to hold the guidance reference. (A change in 
angle-of-attack would produoe a change in longitudinal acceleration which would 
call for change in altitude to hold the prescribed drag deceleration value ). 
Single axis control of the trajectory is obtained by rolling the spacecraft 
about the velocity vector to provide the nominal lift required to follow the 
set drag deceleration history and to provide the incremental lift for decelera-
tion corrections. 
The combination of these guidance concept elements produces trajectory controll-
ability that is relatively insensitive to the flight velocity and is propor-
tional to the drag deceleration level so long as the equilibrium glide limit 
is not approached. Thus, the guidance concept c~ be extended to hyperbolic 
entry testing. Appendix B develops the relationships which form the basis for 
the extrapolation. 
1.2.5 Pre-Guidance Error Detection 
The Scout launch system will have injection errors at fourth stage burnout 
considerably greater than those systems which utilize inertial equipment for 
booster attitude control to injection. (The major Scout injection errors are 
attributed to tip off of the spun fourth stage). If the errors accrued to the 
impact point from the Scout were uncorrected, the dispersion would be unaccepta-
ble for the shallow reentries typical of lifting tests. Since the test space-
craft is guided to a given density altitude history, initial flight path angle 
errors will be corrected once capture to guided flight has taken place. However, 
the large error accrued up to the capture point remains. This pre-guidance 
dispersion due to injection altitud.:l and flight path errors can be detected by 
measuring the time to a given deceleration level (Fig. 1.2). The accrued range 
, errol' for shallow entry is simply the entry velocity multiplied by the error 
in time of arrival. 
7 
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1.3 Study Scope 
To demonstr8.te the a:pplicabili ty of the overall reentry test concept to Scout 
experiments, it was necessary to investigate in some detail the individual 
flight phases and systems elements to determine possible consequences of con-
flicting requirements. The chief study elements are illustrated in Fig. 1.3 
and are described below. 
1.3.1 Scout Performance 
Of special concern were the boost trajectory shaping and performance for shallow 
low altitude reentries typical of lifting descents and the selection of the most 
satisfactory complete flight profile. It was also necessary to determine the 
effects of constraining the injection angle-of-attack so as to minimize oscilla-
tory motion at the beginning of guidance. In determining Scout performance, 
the recently developed LMSC TOLIP program was employed. This made possible 
the generation of realistic Scout t~aJectories since the program is sufficiently 
comprehensive to be employed in pre-flight planning. 
1.3.2 Entry pynamicsand Despin 
To demonstrate satisfactory despin performance, it was necessary to consider 
in combination an initial angle-of-attack, the effects of vehicle pitch-yaw 
asymmetry and the time varying environment. Of special concern was the 1'011-
resonance phenomena for a spacecraft purposely made geometrically asymmetric. 
A modification was made to the RPM computer program (Ref. 2) developed fOl.' 
NASA-Goddard to simulate these effects. 
1.3.3 Guidance and Control 
The guidance and control effort included evolving an overall guidance hardware 
concept, systems analySiS, design and simulation. Of special concern was the 
demonstration of the satisfactory operation of the control system for all phases 
of flight from the initiation of despin to low speed. To accomplish this, a 
six degree-of-freedom simulation tailored to the guidance and control system was 
developed. 
8 
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1.3.4 Entry Shape Development 
Since the guidance and control system concept required specified aerodynamic 
character:i,st.ics, it was necessary in the course of the study to :i.nvestigate 
different configuration approaches in arriving at the selected reentry shape. 
A Newtonian aerodynamics computer program especially developed for configurations 
Similar to those considered under the study was employed. 
1.3.5 Heat Shield Analysis and Design 
To demonstrate validity of the aerodynamic concept it was necessary to assess 
the consequences of ablation during guidEld flight. This required determination 
of the heating environment, the selection of heat shield materials, heat shield 
design and prediction of the response to the entry environment. 
1.3.6 Spacecraft Conceptual Design 
The spacecraft conceptual design was aimed at demonstrating that the test con-
figuration sized to Scout dimenSional constraints could house the required 
guidance and control equipment, a data system and a recovery system 'and that 
the resulting configuration would have satisfactory inertial properties. 
1.3.1 Test Environment 
To demonstrate the simulation capabi,lity of the final deSign, it was necessary 
to review the flight 'environment for advanced manned entry spacecra1~ and to 
compare that envirorunent with the environment to be expected for the design. 
In demonstrating the environment simulation capability, a new approach to the 
environment comparison was developed so as to separate trajectory and configura-
tion affects in a clear and meaningful way. 
10 
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2. SPACECRAliT AERODYNAMICS 
The proceding section has outlined the overall reentry system concept and 
has indicated some of the underlying technology responsible for selection 
of individual concept elements with good performance potential and growth. 
Evolution of the aerodynamic design is next treated since proof of the concept 
validity is well on the way if acceptable aerodynamics can be obtained. 
2.1 Aerodynamic Require~ 
2 .• 1.1 Requirements for LID 
Figure 2.1 summarizes the requirements for lift-drag ratio which are set by 
the overall concept. For despin and capture to guided flight, a change in 
LID will change the required control mass weight. The &11;i tude (or g-leve1) 
for despin is dependent on the braking moment from the lift-foree-offset 
center-of-gravity combination.· 'F~r a gi~en despi'n altitude or g-level the 
control mass weight must be increased to counter a reduced LID. Also, for 
a set pUllout g-leve1, the despin altitude must be increased for a reduced 
LID. These combined relationships are illustrated in the left hand plot of 
Figure 2.1 for the specified entry conditions. Note that the curve becomes 
asymptotic for an LID of .6, indication that the prescribed pullout condi-
tions cannot be met for that value of LID. Reduced control mass weight 
requirements for LID's greater than 1 are readily evident. The required 
control mass weight will increase with a steepening entry angle and with a 
higher initial spin rate for a prescribed pullout g-leve1. 
The limiting altitude (or g-level) for controlled reentry flight is the 
equilibrium glide tra.jectory. Thus, the ability to fly low g descents is 
limited by the spacecraft's LID capability. For controlled model flight 
it is necessary to operate at altitudes lower than the equilibrium glide 
limit. In Appendix B, equations were developed relating flight drag decel-
eration and LID for a fixed trajectory control capability. This 
11 
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relationship is shown in the right hand plot of' Fig. 2.1. Flight at 
g-levels less than 1 is desirable since this is the expected range for 
manned orbital entry apacecrafts. Both plots demonstrate that an LID on 
the order of 1 is desirable. 
2.1.2 Trim Angle-of-At~~~Requirement~ 
One 01' the key points of the guidance concept is the employment of an 
aerodynamic reference system that makes possible the elimination of 
inertial reference equipment on the epacecraft. Errors in the aerodynamics 
references come about from misalignment of the velocity vector and the 
sensing longitudinal accelerometer. The primary error is introduced by 
a component of the lift being sensed by the longitudinal accelerometer. 
The impact range error resulting from such an effect is shown in the 
left hand plot of Figure 2'.2 ·for' a l-g,descent' trajectory from 
orb:!, tal speeds. This error is directly. proportional to the nominal 
guided flight ra.nge. In turn, the impact range error is inversely pro-
portional to the g-level. Thus, a reduced g-level will produce increased 
error. 
An er~or in the trim angle-of-attack will also contribute to the develop-
nwnt of' angle-of-attack oscillations, as a result of passage through roll 
resonance during despin. This effect is shown in the right hand plot of 
Fig. 2.2 for a 3 BPS initial sp:J.n ratp. and a 20 entry angle. This result 
was obtained from digital computer solutions which take it~o account aero-
dynamic asymmetry and the varying spin rate during entry. Note that large 
oscillations will develop if the trim angle-of-attack is not controlled 
closely. A 200 angle-of-attack oscillation is produced by a 20 angle-of-
attack error. Reducing the initial spin rate will reduce the severity of 
the effect while steepening the entry angle will increase the magnitude 
of the oocillations. 
Physically, the effect is produced by misalignment of the roll axis (the 
velocity vector) and the principal axis for spin. As a result, this 
figure m~ also be interpreted with the abscissa labelled as the 
13 
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angle between the velocity vector and the spin principal axis. Thus, alignment 
of the spin principal axis with the expected trim angle is also extremely impor-
tant and implies that the trim ang1e .. of .. attack must be known to properly a1:1.gn 
the spin axis. From both the right and left hand plots, the trim angle-of-attack 
accuracy goal of about .50 appears appropriate for enhancement of the concept. 
2.1.3 l!011 Stability Requirements 
Since the rolling moment for trajectory control is developed by disturbing the 
spacecraft s~runetry, an angle of sideslip is developed from the drag moment 
acting about the center of gravity. The sideslip produces a side force which 
can produce a rolling moment which counteract/s the rolling moment produced by 
the trim lift. This effect is illustrated in Fig. 2.3 where the rolling moment 
degradation is plotted against the governing parameter, ·the ratio CIIJ /Cn{J' 
For a given rolling moment capability, the rvlling moment degradation will require 
an increase in control mass weight. Note that for CI{J/c~ equal .7 the net 
rolling moment is zero. A design goal of C~ equals zero has been selected. 
! 
The magnitude of 01p is minimized by shaping the lateral p1anform so that its 
center of area lies near the flight center of gravity. 
2 .2 Prediction of Aerodmaml;,c Properti.es 
An aerody~amics shape meeting 'the requirements of Fig. 2.1 was evolved using 
Newtonian theory prior to the submission of the LMSC-proposed study proposal. 
The geometry of the configuration (referred to in this document as the basic 
configuration) is shown in Fig. 2.4. Governing condition in addltional to the 
requirements of Section 2.1 was that the flow field be either axysymmetric or of 
two-dimensional character so that cross flow uncertainties would be minimized. 
In addition, it was felt advantageous to employ flat surfaoes so that Simple 
material test panels could be incorporated if desired. 
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Fig. 2-4 BASIC CONFIGURATION DIMENSIONAL CHARACTERIfJrICS 
The basic configuration was tested in the Langley Unitary Tunnel in. 
1964 and 1965. A comparison of the experimental results with d~sign 
predictions generated prior to the tests is presented in Fig. 2.5. The 
agreement in the force characteristics is remarkable at the test Mach No. 
of 4.63. Also the agreement between measured and theoretical centers of 
gravity for trim give confidence in the predictability of the trim angle-
of-attack. 
Early in the study it became apparent that the agreement shown in Fig. 2.5 
would not necessarily hold at orbital entry speeds. Examination of the 
predictions and measurements of the effects of nose bluntness induced 
pressures on cones indicated that the severity of these effects would be 
suppressed ~t the tunnel test Mach number (4.63) but could be considerable at 
higher speeds. As a result,. it was felt necessary to make allowances for 
bllwtness induced pressures on configurations having the general geometry 
of the basic configuration of Fig. 2.4. 
For the more detailed examination of aerothermodynamics phenomena, the 
flow field models of Fig. 2.6 have been assumed. Since the extent and 
magnitude of bluntness induced pressures has been correlated with nose 
drag (Ref. 4 and 5) equivalent drag hemispherically tipped conical sur-
faces have been utilized in the determination of local· flow properties. 
For the conical nose tip and the top of the body, the exact geo~try was 
used in the calculations. The employment of the equivalent body approach 
allows inclusion of effects of vorticity (shock wave curvature) on both 
the inviscid and boundary layer flows using digital· computer methods of 
Ref. 6. Within the scope of this study, more exact treatment of the flow 
field was not possible. 
The effects of nose bluntness induced pressures will effect mainly the 
aerodynamic properties of the conical lower body which generates the 
major portion of the configUl."ation lift. Reference 7 develops an 
approximate method for correcting the cone aerodynamic characteristics 
for these effects. The primary assumption in the development is that the 
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usual overexpansion correlation relationship holds at both zero and 
small angles-of-attack for the half cone configuration. Application 
of the method. to the basic configuration shows that a reduction of the 
inviscid Lin from .88 to .69 could result. While not catastrophic, this 
reduction would have a significant effect on the spacecraft performance. 
The general dimensions of the test model are set by the available space 
Wi thin the Scout shroud. For the nominal l-g descent trajectory and 
for values of w/cnA between 200 and 250, the descent Reynolds number is 
quite low at orbital speed. (The free stream Reynolds number baeed on 
body length is about 150,000). Using the method developed by Maslen in 
Ref. 8', the corresponding skin friction drag is .05 at the pullout 
condition. With both bluntness induced pressures and skin friction drag 
included in the correction to the Newtonian Lin, a value of Lin of .55 
results. This was felt so low as to require a change from the basic 
study configuration to regain some of the lost Lin. 
2.3 Selected Configuration Characteristics 
A number of separate directions were taken to improve the. lift-drag 
ratio characteristics of the design. These include operating the cone 
at angle-of-attack,extending the vehicle length without disturbing the 
forebody geometry, toeing in the body sides, and changing the nose tip 
geometry. The results of these investigations are presented in Appendix 
C. It was found that the only satisfactory solution meeting the re-
quirements of Section 2.1 was a change in nose tip geometry. In fact, 
Appendix C shows that changing nose tip geometry was the only way to 
improve Lin without degrading either the lateral or roll stability. 
Appendix C' also shows that for the bluntness ratios under consideration, 
the over expansion and friction drag will have little effect on the trim 
characteristics. 
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The selected spacecraft configuration is presented in Fig. 2.7. It 
differs from the basic configuration only in nose geometry. The upper 
body radius has been reduced from 1.25 inches to 3/4 inch while the lower 
body radius has been increased from a 3-inch to a 4-inch radius. The 
resulting sweepback of the nose has been increased from 30 to 45 degrees. 
The cone angle and wedge aeight are the same as those for the basic con-
figuration. 
Fig. 2.8 shows the division of aerodynamic forces bet'-1een the nose, the 
conical lower body, and the sides. Note that the nose force is greater 
than that for the cone when bluntness induced pressures are taken into 
account as indicated by the change from the dashed to ·the solid vectors. 
Also the nose tip produces over ~ the total Newtonian drag while providing 
the trimming moment. This reduces the value of w/cr} to ~ the value 
of the wedge and cone surfaces and t that of the half cone at zero 
ang."Le-of-attack. This reduction in W/cnA is in good measure responsible 
for the low cone and side heating levels to be shown in later sections. 
The inset figure shows the change in Lin with changing speed. This 
varying LID comes about primarily from the changing friction drag with 
increasing Reynolds numbers during the l-g descent trajectory. The Lin 
varys from .74 at orbital speed to a .9 at t orbital speed. 
Figure 2.9 summarizes the stability characteristics for the selected 
design. . Both pitch and yaw stability margins have been improved through 
the modification for design CG placed very close to the roll stability 
limit. Values ')f pitch and yaw oscillation periods are less than 1 second 
and remain nearly constant since the dynamic pressure is approximately 
constant for the descent trajectory. As will be shown later in the roll 
control discussion, the pitch and yaw periods differ from the roll period 
by an order of magnitude. This separation will minimize any coupling 
between pitch, yaw and roll by suppressing the development of oscillations 
due to control mass displacement during trajectory control. 
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2.4 Effects of Ablations on Trim 
__ __ i .... 
Section 3 covers the prediction of' the heating environment over the test 
configuration and the heat shield design and iU responses to the en .. 
vironment. The primary effects shown are "bhe mass loss histories; the 
char layer build-up, and the surface recession of the nose tip. The 
validity of the overall reentry system concept is sensitive to trim angle-
of-attack changes resulting from the effects of ablation. These effects 
can be surpressed if sufficient static stability is built into the vehicle 
and if effective changes are in themselves small. Figure 2.10 sunnnarizes 
the effects of the calculated ablation on the trim characteristics. The 
weight loss computed at 5.7 1bs. produces a net effective pitching moment 
arm of .054 inches. The change is so small because the nose tip weight 
increment and the afterbody weight increments balance about the flight 
center of gravity. As a result, the trim change due to the center of 
gravitymovemel1t is only .150 • The expected 110se tip recession produces 
a somewhat larg.ar effect; hOvTever, this effect is still of the order of 
accuracy of the trim angle-of-attack prediction. Other effects such 
as unexpected removal of char from a portion of the afterbody were exa-
mined. These effects on the trim were undetectable. As a result of 
this assessment, it appears that for entry from orbit along low g descents 
of primary interest, the effects of ablat:ton do not appear to effect tht') 
validity of the test concept. 
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3. SPACECRAFT THERMODYNAMICS 
3.1 Flow Field Criteria 
In order to determine the effects of the aerothermodynamic environment upon 
the overall reentry concept, it "'~as necessary to provide an evaluation of the 
reentry heating environment, the heat shielding requirements and the heat 
shield mass loss characteristics for the reference reentry trajectory. It 
was, therefore, necessary to provide a flow field model that would adequately 
represent the various surfaces of the test spacecraft while attempting to 
account for such phenomena as the bluntness induced static pressures on the 
sides, and the lower conical surface of the spacecraft and the effect of the 
shock induced vorticity (the enthalpy layer associated with blunt leading edge 
configurations) upon the magnitude of the heating rate. 
Due to the complex three-dimensional shape of the spacecraft, which makes it 
incompatible with existing analytical flow field solutions, the final test 
of t~e adequacy of the assumed flow field criteria should be its ability to 
correlate the static pressures and heat transfer data from gro~~d facility 
tests. 
The selected flow field model was the same as that used for the spacecraft 
aerodynamics (Figure 2.6). The spacecraft was analyzed as isolated geometric 
components and the effects of the combined flow fields Were neglected. 
The various isolated components were: 
1) A blunt triangular flat plate at zero angle-of-attack for the top center-
line of the spacecraft~ 
2) A blunt 150 half angle wedge at zero angle-of-attack (corresponding to 
zero sideslip angle) for the sides, 
3) A hemisphere (3/4 in. radius) - 12.60 half angle cone at 32.40 angle-of-
attack for the swept nose section, 
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4) An "effective" hemisphere (3 in. radius) - 15 half angle cone at 
zero angle-of-attack for the lower conical surface • 
The 3-in. hemisphere radius was an effective value based upon the drag 
coefficient of the lower nose section, and was used to approximate the 
effect of both the static pressure over-expansion and the entropy layer 
upon the heating to the lower conical surface. 
3.2 tleating ~stribution 
The maximum cold wall heat rate distribution, which occurs at the pullout 
condition, is shown in Fig. 3-1. The results for the nose tip were 
obtained from the ENVY digital computer program (Ref. 6) which accounts 
for the combined effects of the entropy layer and crossflow upon the 
heating level of the windward" element of sphere-cones. It utilizes curve 
fits of both a shock shape correlation and a static pressure correlation 
based upon nose drag (similar to that of Ref. 5). The effect of the en-
tropy layer upon the heating is obtained by assuming. "similar" velocity 
profiles in the boundary layer and utilizing a mass balance between the 
shock and the boundary layer edge to obtain the pOSition on the shock 
from which the edge streamline emanated. This procedure was introduced 
by Hearne, et. al i11. Ref. 9. The crossflow procedure of Vaglio-Laurin 
(Ref. 10) has been employed for the windward element only. 
The method o.f'·!)ay and Riddell (Ref. ll) was used for stagnation heating 
while the Lee's distributiOn function (Ref. 12) was used for heating 
from a laminar boundary layer. 
The increase in the heat rate shown in Fig. 3-1 at x/~ = 6 indicates 
that the full entrainment distance for the entropy layer has been 
achieved and the remainder of the nose tip heating is in effect the 
sharp cone value. Also shown at x/~ = 17 is a value for a swept cylin-
de~ based upon the local radius of 4-in., Which indicates that the cone 
at angle-of-attack value may be somewhat conservative. 
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Fig. 3-1 TEST VEHICLE HEAT RATE DISTRIRJTION 
(At Pullout Condition) 
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The right side of Fig. 3-1 shows the maximum heat rate distributions 
for the prima~y surfaces of the 'spacecraft. The values for the top 
centerline were obtained by utilizing Leets laminar distribution for 
a hemisphere to a position 900 from the stagnation point and there 
utilizing Eckerts laminar strip theory (Ref. 13) to distribute the 
heating along 'the remainder of the upper surface centerline. 
The sides of the spacecraft were evaluated by using the static pressure 
distribution recommended by Cleary and Axelson (Ref. 16) along with the 
normal shock total pressure and the oblique shock total pressure to 
obtain the local Mach number and the reference enthalpy method of Eckert 
for laminar flow (Ref. 13) was then used to ;provide the heat ra'te limits 
shown. For a 2-dimensional flow field, it wouJ.d be expected that the 
entrop,y layer would not be entrained as close to the nose section as 
in the axl-symmetric situation and hence, the normal shock value of 
heating is used in subsequent calculations. 
In accounting for the effect of the nose bluntness upon the heating to 
thelO"tTer conical surface of the spacecraft, the ENVY program utilized an 
"effective" hemisphere-cone (~ = 3-in.) .Subseq,uent calculations for 
the lower surface using sharp cone heating (based upon the wetted dis-
tance from the stagnation point, x/~ = 2.88) indicated that the heat 
rate was approximately 25%, 45% and 5% greater ENVY results at the 
lower tangent point (x/~' = 19.2), the apPl'oximate midpoint (x/~ = 33) 
and the end of the spacecraft (X/RN =:I 60) respectively. 'The sharp cone 
'heating level produced only minor differences in the subsequent char 
layer build-up and substrate temperature rise, therefore, even if these 
heating levels existed, the structural integrity of the test spacecraft . 
would not be affected as will be evident from Section 3.4. 
Cold wall heat rates for the stagnation point and ·the lower surface at 
x/~ = 19.2 are shown in Fig. 3-2. The J?hear stress distribution along 
the nose tip and lower conical surface is shown for the pullout condi-
ti.on in Fig. 3·3. 
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Fig. 3-2 COLD WALL HEAT RATE HISTORIES FOR 
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3.3 Angle-of-Attack E~~ 
The effect of various angles-of-attack on the heating rate at the pullout 
condition is indicated in Fig. 3-4. This effect was approximately by 
using the "equivalent" hemisphere-cone model and the ENVY computer pro-
gram. Notice that at the pullout condition the heating at the aft por-
tions of the test vehicle could be doubled 'when the spacecraft is at 5 
degrees angle-of-attack. As the spacecraft penetrates deeper into the atmos-
phere, which implies a lower velocity, this increase in heating at the 
aft end is minimized due an oiTerriding effect of the bluntness. Hence, 
at lower altitudes and velocities the full entrainment distance for the 
entropy layer increases and the sharp cone heating occurs at a location 
further downstream from the nose section. 
3.4 ~ateria~~ Selectio~ and ~p~eld DeSign 
On the bases of the heating rates and shear stresses shown previously 
the selected materials were carbon-phenolic for the nose section and 
purple·blend-a silicon elastomer for the primary surfaces. 
The basic heat shield consisted of the 0.8 in of purple blend bonded 
to a 0.05 in aluminum substrate and separated from the primary structure 
by a ~ in. gap. Attachment of the heat shield to the primary structure 
was accomplislled through several aluminum rings. The heat shield calcu-
lations neglected the effect of internal conduction and radiation to 
the primary structure. Radiation from the substrate to the primary . 
structure was considered negligible. The gap could be filled with a 
low density microquartz to deter both radiation and convection if re-
quired. 
The heat shield thickness for the primary surfaces was based upon the 
total heat load at the lOtTer tangent ~oint X/R:N = 19.2. The hot wall 
value was approximately 14,000 Bl'U/ft • A th1.ckness of 0.8 in. of 
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purple blend was required to restrict the substrate temperature to 
o 350 F at the parachute deployment condition. 
The response of thE purple blend and alum;1,num substrate was determined 
with the aid of the CHIRP digital computer program (Ref. 14) that em-
ploys a numerical method for solution of a one-dimensional heat conduc-
tion equation with depolymerizing plastics as the conduction medium. 
The program uses an Arrhenius type rate equation for the depolymerizing 
process (Ref. 15). 
The surface erosion for the carbon-phenolic nose tip was based upon 
oxidation only and is shown in Fig. 3-5. The char layer build-up assuming 
no mass loss due to shear forces is shown in Fig. 3-6. The char thick-
ness at the parachute deployment condition were 0.28 in. for the bottom, 
0.21 in. for the side and 0.15 in. for the top of the test spacecraft. 
When ~he sharp cone heat rate (based upon the wetted length from the 
stagnation point, - X/flN = 2.88) was used at the lower tangent point, 
-x/Rw ~ 19.2,the estimated increase in total heating was approximately 
25% and the resulting increase in char build-up was approximately 12% or 
o 0.03 in. with an increase of 20 F in the substrate temperature to 
3750F. Hence, even with the most conservative heat rate prediction for 
the lo'wer surface, the substrate :temperature at the parachute deployment 
condition would be less than 4000 F at the lmler tangent point. The sub-
strate temperature rise wouJ.d be less for all locations aft of the lower 
tangent point since a constant Shield thickness of 0.81 in. was used on 
all the primary surfaces. 
Typical temperttture distri'butions through the purple blend are depicted 
in Figures 3-7, 3-8 and 3-9 at lo~ation x/~ = 19.2 for the top, side 
and lower surface respectively. 
Typical temperature distributions normal to the airstream are shown in 
Fig. 3 .. 10. 
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4. REENTRY GUIDANCE AND CONTROL 
The guidance and control concept described in Section 1.2 derives it's 
basic simplicity and unique capability from several fundamental charac-
teristics of lifting reentry trajectories. These features of programmed 
deceleration descents are illustrated in Fig. 4~1 in terms of the 
altitude range profile and the vertical lift to drag requirements. 
Most notable is that for a given deceleration program, a constant range 
accrues during guided flight within the atmosphere regardless of the 
spacecraft a~rodynamic characteristics or atmospheric density profile. For 
the case of a constant deceleration of an/ g = 1.0 illustrated here, a 
range of about 1800 n.m. is attained from the 0.25 g point to impact. 
The variation in the aerodynamic characteristics W/cnA by a factor of 
10 merely changes the operating altitude by about 60,000 ft. In essence, 
a density altitude profile is followed in order to maintain the prescribed 
deceleration' program. Even with a highly variable drag such as obtained 
with angle-of-attack modulation, the descent profile varies only slightly 
during the major portion of the flight and again yields constant guided 
range. The degree of impact range control is then directly proportional 
to the accuracy with which the.deceleration profile can be maintained. 
Furthermore, an initial injection point dispersion in range shifts the 
complete descent profile correspondingly. Since the atmospheric flight 
range is fixed by the deceleration profile, the injection dispersion can 
be corrected by selecting the appropriate deceleration profile. 
The second important feature of low deceleration descent is the shallow 
flight path clearly evident in Fig. 4.1. During constant deceleration, 
the flight path angle is less than 2 degrees over 95% of the guided 
. . 
flight range. The nearly horizontal trajectory indicates that only small 
path angle and subsequent altitude changes need be made to correct devia-
tions in the desired deceleration level due to atmospheric density 
variations, aerodynamic drag uncertainties, and vehicle wei6ht or shape 
changes. 
.. 43 
LOCKHEED MISSILES & SPACE COMPANY 
TRAJECTORY CHARACTERISTICS 
FOR CONSTANT DECELERATION DESCENTS 
4 I l l:I J- 00/g-1.0 u. I ,..... I aD W/COA-25 (q -25) VARIABLE DRAG 0 I 
'-' 250(250) 
·W 
0 
<D ~ @ ~ ® @ @ ::> 
+" 
!- 1 r 2.0 2.0 0.2 1.0 2.0 33 
+="" ~ V(~SEC) 25,700 25;700 24,300 9,000 6,500 IPOO 
« h(F 300K 232K i87K 145K 120K I 45K • 
O · 1000 
RANGE (NM) 
+1 I . ~ .. . r _~'L~ 1 
0 
I ~ . . 
o ~ .... ".-.. -.- . -I 2obo -l 1000 
5 RANGE (NM) 
~ 
w 
> 
-I 
Fig . 4 . 1 
.' 
.,' ... 
The crucial aerodynamic characteristic for flying the example constant 
deceleration profile is depicted in the lower diagram of Fig. 4.1. The 
vertical component of the Lift-Drag ratio required to maintain 1 g is 
seen to vary essentinlly linearly with range from zero at orbital speed 
to nearly + 1.0 at the end of the trajectory. Above orbital speed 
negative values are required to overcome the centrifugal acceleration. 
During reentry, an LID of 0,7 is required to pullout smoothly from the 
2 degree dive while toward +··.le end of flight, the required LID drops 
off rapidly due to the steepening path angle. The spacecraft TJ/D require-
ment is then set by the maximum magnitude of about 0.87 at the 2000 n.m. 
point. For a convenient rule of thumb, the product (L/D)(an/g ) ::: 1.0 
provides the nominal LID requirement. The difference between the spacecrai't 
capability and the required LID yields a measure of the ~ltitude control 
available. At the pul.lout point nearly the ful.l capability of the spacecra.i't 
is available for this ftinc~ion. For the spacecrai't characteristics of B,ec-
tion 2, good altitude control is assured for the descent down to quarter 
orbital speed or for 95~ of the range. 
For the trimmed lift roll control mode of operation utilized herein, 
the vertical LID reqUirement can be interpreted as the cosine of the 
roll angle. Hence, at orbital speed I the spacecraft is flown at 90 degrees 
and graduallr rolled toward zero or "wing t 6 level. "The guidance 
scheme then commands a pullup maneuver (90 to zero degree roll angles) 
to decrease deceleration or a pulldown maneuver (90 to 180 degree roll 
angles) to increase deceleration toward the programmed value. 
The operation of the guidanc~ system is illustrated in Fig. 4-2 for the 
nominal 1 g descent profile with a 2 degree reentry path angle. A 
"command reference" acceleration computed onboard the reentry spacecraft 
is compared with the measured axial acceleration. When this reference 
is less than the axial acceleration, a wings level pul.lup is commanded. 
When it is greater than the a.X:tal acceleration by a preset bias (0.0$0. g's 
in this illustration), a hard pulldown is co_nded. When the command 
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reference is between these limits, proportional roll control is re-
quested. The rate of change of the comniand referenC'e :I.s proportional 
to the acceleration error from the programmed value. Note also that 
the magnitude of the command reference is reset equal to either the 
axial acceleration or the axial acceleration plus the bias whenever it 
is outside the proportional control zone. The effect is to introduce 
an artificial damping of the acceleration error oscillation as illus-
trated in the enlarged portion of Fig. 4-2. The rate of' change of the 
command reference is limited to provide a smooth pullout during the 
reentry phase and to accommodate injection path dispersions. The magni-
tude of the command reference is set to zero ini'bia1ly which causes a 
pulldown maneuver during the early portion of reentry. The maximum 
rate limit causes proportional control until about 0.25 g is encountered 
after Which a wings level pul1up is commanded until pullout at 1 g. 
Steeper or shallower reentry paths will then result in a full pul1up 
earlier or later, respectively. 
4.1 ~uidance Requirements 
,Two Dbjectives of the guidance system are to be considered in selecting 
the basic conept. The first objective is to provide the desired decel-
eration so that a predictable heating environment may be generated. 
Emphasis is placed on the initial 250 to 300 seconds of flight time 
when the peak heat rate is in effec't. Secondary emphasis is on time 
of flight which determines the Hsoak" capability of the flight. The 
second objective of the basic concept is to provide a predictable point 
of impact so that the test vehicle may be recovered. 
The requirement for a prescribed heating environment (i.e. a commanded 
deceleration level) precludes the possibility of an independently commanded 
impact point since the two are phYSically related thro~h the horizontal 
~~locity history. The only leeway allowed is through the interpretation 
of the relQtiv~ importanoe of the first few hundred seconds of flight 
time versus the ba1aric~ 01' the flight. If the beginning of the flight 
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is aimed 'at getting the required flight data at a oertain deceleration 
level, then the remainder might be used to fix the total r~nge and 
thereby set the impact area. With the above in mind, the downrange 
correction concept selected involves the simplest approach • a 
deceleration-level controlled system which maintains the measured 
longitudinal deceleration at a commanded value. If the control system 
is capable of delivering the commanded value with SUfficient accuracy 
and with sufficiently rapid response, then a pre-programmed deceleration 
time history will determine the impact area with a predictable accuracy. 
As described in Section 1.2, the method of vertical lift. modulation chosen 
is by control of the vehicle roll angle, from "wing level" for maximum 
climb to "inverted flight" for maximum dive. The roll moments required 
to control the roll position are derived from the lateral displacement 
of il.n internal mass. The resulting shift of the sp'acecraft center of 
gravi ty with respect to the line of action of tte aerodynamic normal 
force vector generates the roll moment needed to control the vehicle 
, , 
about the roll axis. The factors involved in the method selected are 
not p.ntirely guidance and control considerations, but partly aerodynamic 
considerations. By flying the entire flight at a fixed angle of attack 
and without external aerodynamic control surfaces, the air flow is un-
disturbed and modified only by the normal changes which take place as 
a function of velocity. The spacecraj't itself initiates no disturbances 
as a result of guidance and/or control acti vi ty • The only guidance 
consideration is the use of a body-mounted accelerometer as a conse-
quence of the zero· a,erodynamic pitch trim angJ.e of attack. The 
required input elements are illustrated in Fig. 4-3. 
The information inputs needed are: 
1) The longitudinal deceleration of the spaf~ecraft 
2) The spacecraft roll angle 
3) The spacecraft' initial geographical position 
4) The spacecraft initial ve~~ci ty 
,48 
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5) The desired deceler.ation level 
6) The desired flight distance 
7) The logic defining the preference for deceleration level versus 
time in the event of an incompatibility between 5) and 6) 
It will be noted that all except the first two are preset inputs unless 
some form of real-time ratio information is provided. 
The controlled variables in the system are: 
1) Longitudinal acceleration level 
2) Roll angle direction a~d magnitude 
In its initial concept, the spacecraft had no information as to ita geo-
graphic~ position other than what could be inferred from a programmed 
"start" time '. It now appears that the optimum solution to tolerances 
in the initial conditions will be different depending upon the magnitude 
of those tolerances. 
In order that the final system has the maximum flexibility, a sharp 
division is made between the guidance and the deceleraion control func-
tions. The deceleration control system has only the task of delivering 
the commanded deceleration level and crossrange angle. The guidance 
. 
system contains whatever logic is required to determine what deceleration 
level should be commanded to perform the desired miSSion with particular 
attention to the effects of initial dondition tolerances. 
Figure 4 ... 4 shows t,he chain of command. Guidance uses the time of separa ... 
tion and the acceleration measurement to determine What tlle reentry initial 
condition error is and make command decisions. The details of the 
development of the basic guidance scheme and its performance evaluation 
are presented in Appendix D and E • 
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4.1.1 Guidance System Mechanization 
The selected mechanization of the guidance scheme is shown in Fig. 4-5 
for the deceleration level control mode. The main cbain of command is 
shown at tbe top of the block diagram where the measured deceleration is 
compared to the desired deceleration to produce the acc~leration error 
signal and the computed roll angle. The commanded roll angle output is 
limited to zero (wings level) and ~ 180 degrees (inverted flight) depend-
ing upon the direction of roll required for cross range maneuvering •. 
The two lower blocks generate the command reference signal which modifies 
the acceleration error in order to damp out the high amplitude oscilla-
tions and to absorb the reentry range and path angle dispersions. 
The velocity error circuit accumulates the measured acceleration until 
the 0.25 g level is attained after which the acceleration error is inte-
grated. This integrated velocity error provides the assessment of and 
the correction bias for the range errors accrued during the initial por-
tion of· guided flight due to injecUon dispersions. The comparison of 
the time at which 0.25 g was achieved compared to the nominal time for 
this event yields an assessment of the geographical range error at the 
start of guidance. This time difference is used to suitably adjust the 
desired acceleration level or to terminate the fl.ight for recovery wi thill 
the predetermined impact area. 
The command reference level is maintained within the acceleration error 
band of Fig. 4-2 by the high gain feedback from the roll angle limits. 
The command reference feedback then provides a rate of change essentially 
proportional to the acceleration error. This rate of change of the 
command reference is limited (~ .01 g/sec for this illustration) to provide 
the initial pullup maneuver and to damp the acceleration oscillations as 
nobed in Fig. 4-2. The velocity error circuit effectively modifies the 
command reference such that the deceleration level is biased for correc·", 
tion of the guided flight range errors. 
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4.1.2 Guidance S~stem Performance 
The excellent performance of the guidance mechanization of Fig. 4~5 is 
demonstrated in Fig. 4-6 for deceleration level guidance only by means 
of the Entry Guidance and Dynamics Simulation (EGADS). The velocity error 
gain has been s"et to zero; i.e., no correction for guided range errors 
was made. From reentry at 300,000 feet j the nominal case for ., u 2 
degree pulls out smoothly to the 1 g deceleration level with oscillations 
of !. 0.025 g with a period of about 50 seconds which are subsequen~ly 
damped out. Good performance is also achieved over the range of path 
deviations resulting from Scout injection dispersions (!. 3 sigma). The 
principal effect is to delay the attainment of the 1 g deceleration level 
by about 100 seconds. The over~shoot to about 1.6 g is due to the inade~ 
quate LID for steeper reentry trajectory. The decay to 1 g is controlled 
by the limit on the rate of change of the command reference (0.005 glsec 
for this example). The deviations from the desired g-level later in the 
flight are due to reduction in altitude control when the required LID 
approaches the 'spacecraft capability. 
An indication of the degree of trajectory control resulting from the 
deceleration guidance is depicted in the right hand side of Fig. 4~6. 
Altitude deviations are maintained within!. 750 feet once the desired 
g-level is attr;5 .. ned. The corresponding flight path angle deviations 
are within!. 0.3 degrees. Similar behavior is achieved for the -3 
degree case at a lower altitude. 
Th.e guidance perfol'.,..a.nce with the velocity error loop included is illus-
trated in Fig. 4-7. The nominal reentry g-level control is altered only 
sli 3htly • However, significant overshoots occur for both shallow and 
steep trajectory extremes. The shallow reentry overshoot is moderate 
and decays smoothly. The in! tial overshoot for the steeper reentry path 
causes subsequent oscillations which persist for about 500 seconds. Ad-
justment of the command reference rate limit yields only minor differences. 
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These comparisons represent extreme cases due to the 3 sigma Scout in-
Jection dispersions. The control of the g-level and hence the environ-
ment is obviously degraded in order to maintain good impact range control 
during the &uided flight. However, the range dispersions accumulated 
prior to reent:r'y (See Section 6) are a factor of 2 larger than those 
accrued during g-level guided flight (250 n.m.). 
Range control afforded with the velocity error loop included has been 
evaluated in Appendix D. The results are summarized' in Table 4-I in 
terms of the deviation in g-level and the corresponding range dispersion. 
For the sources and conservative magnitudes shown, an RS$ range deviation of 
14.·5n.m. accrues for a 0.8% errQr in· g-level. ThEl contributions of guidance 
electronics is not inciuded (See Section 4.3). A statistical analysis 
of the error sources of Table 4-r will yield smaller RSS value than 
shown because many of the errors are unidirectional and may be partially 
biased out. 
4.2 Control Concept Development 
4.2.1 £ontrol S~~em Mechanization ~~~ormance 
The Single axis roll control system concept e\mployed for modulation of 
the vertical lift to drag ratio is illustrated in Fig. 4-8. The roll 
angle commanded by the guidance system is comnared with the spacecraft 
roll angle. The resulting roll angle error signal together with feed-
back from the control mass position and rate and the spacecraft roll rate 
are fed to the control mass motor to position the e.g. appropriately .. The roll 
moment generated by the trim normal force about the displaced e.g. then 
•• 
generates the roll aceleration ¢. Integration of the measured roll 
ra.te yields the roll angle position for comparison with that commanded 
by the guidance system. The integrated roll position is updated from 
the horizon sensors with each traverse of the horizon. 
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Table 4-1 
.;::.GU;;;.::I::;:;D;;.:AN::.:C:;.;:E:...;;;.SY::.;;S;.::T==EM~D~OWN~RAN.;;.;::.G::;E:,..;;:;E~RI~ 
Source 
Pitch Trim & 
Accelerometer Aligrunent 
Yaw Trim & 
Accelerometer Aligrunent 
<,' Wind 
Downrange 
Pitch Oscillation 
Yaw Oscillation 
Roll Angle Error 
Error 
-
o 
+ .4 
-
Any 
+ 2.50 (-Peak ) 
+ 2.50 
(-Peak) 
!. 1.50 
RSS < 
Performance Penalty 
g-1.eve1 Ran&e 
!. .64% !. 11.4 n.m. 
- .06% - 0.8 n.m. 
Negligible Neg. 
- .1% - 1.5 n.m. 
- .5 % - 8 n.m. 
- !. .1 n.m • 
• 8% 14.5 n.m. 
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The roll control performance for this system is summ~ized in Figure 4-9. 
The determination of the system gains, stability oharacteris'liics and 
transient response used for this evaluation are described in Appendix G. 
The spacecraft roll response to step input commands of 10, 30 and 60 
degrees is illustrated on the left. The conuna.nded value is first attained 
in about 2.5 seconds for the control mass alone, with about 25% over-shoot. 
Early in the study it was thought that faster response could be gained by 
rotating as well as translating the control mass. The increased complexity 
is clearly unwarranted, by the small improvement demonstrated by the curves 
labelled "wheel." Hence, the Wheel concept was eliminated from further 
consideration. 
The response to guidance commands with the translating control mass or~ 
exhibits the same behavior during l-g guided flight. The spacecraft roll 
angle shows about 2.5 seconds delay from the commanded value while the 
over-shoot is limited to about 15 degrees. 
The roll control system also provides for the aerodynamic despin after 
separation from Scout forth stage as a normal consequence of its operation. 
The high spin rate causes the control mass to translate to its maximurn 
deflection. The control mass is determined by requirement to despin at a 
sufficiently small deceleration level so that a smooth pull up to the l-g 
environment can be achieved as described in Section 2 and in Appendix H. 
For the selected vehicle characteristics, a weight of 10 lbs. is adequate 
to provide despin at axlg ~ 0.3 along the nominal trajectory. 
4.2.2 Despin Beha~ 
The despin maneuver from 300,000 feet altitude takes 89 seconds for the 
nominal reentry path as shown in Figure 4-10, a.nd is controlled down to 
the commanded wings level within 100 seconds. Satisfactory desp1n is 
achieved also for the 3 sigma low and high dispersi.on cases including 
initial altitude and velocity deviations. The 3 sigma high case 
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( y = -1 'dee;) takes slightly longer to settle down to the commanded roll 
angle due to the lower dynamic pressure environment (a /g = 0.16). 
x 
Good a.ngle-of-attack convergence during am'l after despin is obtained as 
illustrated in the right hand side of Figure 4-10.' The initial angle-of-
attack varies within only 1 degree despite the large range and flight path 
deviations of. the Scout. The angle-of-attack envelopes are reduced by a. 
factor of two during despin. The subsequent pitch angle-of-attack converges 
to less than 0.5 degree during the initial guidance to the l-g environment. 
The sideslip oscillations (omitted for clarity) are about one-half the pitch 
oscillations. 
Build··up of yaw trim due to lateral c.g. displacement has been cO)ltrolled 
by appropriate placement of the control mass forward of the spacecraft 
longitudinal center of gravity. As developed in Appendix H, the rotation 
of the principal axis with mass displacement is just equal to the yaw trim 
angle, which is also proportional to mass displacement. During despin the 
maximum control mass displacement of 4.5 inches causes a principal axis 
rotation and trim angle of yaw of ab~ut 0.5 degrees. For a 0.5 degree 
difference between the principal axis and yaw trim, during passage through 
roll resonance, the trim amplification would result in subsequent yaw 
oscillations of about 5 degrees. With the control mass located about 2.8 
inches forward of the spacecraft e.g., the trim amplification is reduced 
to negligible proportions as demonstrated in Fig. 4-10. In addition, suffi-
cient aerodynamic damping exists for the l-g descent profile to reduce the 
spacecraft oscillations by a factor of ten after 400 seconds of flight. 
4.2.3 Guidance - Control - Dynamic :rnteractions. 
Feedback of the pitch-yaw dynamics into the guidance system is virtually 
eliminated by the wide separation of the corresponding natural frequencies. 
The long period of the deceleration oscillations noted in Figure 4-2 and 
4-6 due to the guidance system is a factor of 50 greater than the pitch 
and yaw periods shown in Section 2. 
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The roll control response has a significant effect upon the deceleration 
control as illustrated in Fig. 4-11. The amplitude o~ the acceleration 
oscillation are increased to about ~ 0.05 g with roll control over the 
~ 0.025 g amplitude obtained with instantaneous roll response (guidance 
only) • In add! tion, the period is increased somewhat to 40 seconds. 
Spacecraft dynamics (pitch-yaw oscillations) resulting from the despin 
performance of Fig. 4-10 seem to have a minor effect during the first 
overshoot but exhibit neglible difference thereaft,er. These observa-
tions are reinforced by examination of the roll response. Appreciable 
roll angle oscillation about 'che commanded 180 degrees occurs early in 
the reentry because of the low dynamic pressure. Thereafter, -the 
principal difference is due to the larger deceleration oscillation and 
period. Again spacecraft pitch-yaw oscillation has negligible effect. 
The control mass position history yielding the roll angle. and deceleration 
response described above is shown in the lower right hand plot. During 
initial despin, the control mass is translated to its maximum displacement of 
4.5 inches. Thereafter, the control excursions are limited to about 
~ 0.5 inches except when the direction of roll is changed to correct 
crossrange build-up. The remaining 4.0 inches of travel are then 
available for roll trim control. Similar behavior was obtained with a 
lateral c.g. uncertainty of 0.052 inches except that control mass motions 
then centered about a one inch displacement. 
The despin maneuver has negligible influence on the g-level control capa-
bility for the nOminal case and Shallow dispersion as shown in Fig. 4-12. 
Since despin occurs at 10'11 g-level, su:fficient LID is available to pullout 
smoathly. However, the de3pin for the steep dispersion occurs at consi-
derably highe17 acceleration (0.5 gts) due to the lower initial altitude 
and steeper flight path ao1g1e. The peak. acceleration overshoot is in-
creased, however, only mcderately to 1.8 g's from 1.6. Hence, even for 
the maximum 3 sigma disp')rsion from Scout despin, g-level guidance 
capture is achieved. 
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4.3 Control System Design 
4.3.1 Component Selection 
Design of the guidance and control system has been pursued to the extent of 
selecting hardware and electronics suitable for flight application. A bread-
board simulation, constructed under the LMSC Independent Development Program, 
provided an excellent base point for this study. Figure 4-13 illustrates 
the arrangement of operational amplifiers used in the guidance and control 
circui ts and the roll axis simulation of the spacecraft. The roll rate gyro 
and horiZon disc are mounted on the motor shaft and the weights simulate the 
spacecraft roll inertia. Numerous reentry guidance and control runs made 
with the Donner analog incorporated in the Simulation demonstrated the basic 
efficacy of the concept. This background work has contributed significantly 
to the conduct of this study and provided a solid base f.or assessment of 
guidance and control system operational characteristics and hardware errors. 
The circuitry and components used for this guidance and control system simula-
tion are directly applicable to the flight system. The major components 
selected for the guidance and control systems ~re summarized in Table 4-11 
corresponding to the functions associated with the various ~locks of Figure 
4.5. These major components. account for only about 40% of the total guidance 
and control system electronics weight. The remainder of the weight is alloted 
to minor circuit elements, wiring, packaging and connectiuns. 
4.3.2 Horizon Sensor Descr~ption 
The horizon sensors perform two important functions: 1) provide the initial 
vertical reference and, 2) update the roll angle computation. Application of 
these devices allows the use of a low range roll rate gyro sized primarily 
for guided flight and removes the need for a high accuracy roll circuit. The 
horizon sensor sho~n in Fig. 4-14 operates in the blue light range (3000-5000 A). 
This constrains the spacecraft flight to launch after dawn and impact before 
sunset in the recovery area. 
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Fi g . 4-13 LMSC ENTRY GUI DANC5: AI CONTROL SIMULATION 
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Table 4-II 
MAJOR GUIDANCE AND CONTROL COMPONENTS 
Circuit Function 
Guidance 
Vehicle deceleration 
Acceleration Error 
Reference 
Figure 
4.5 
Velocity error integration 
Command Reference 
~ Crossrange computation 
Roll Control 
Roll rate 
Roll angle error 
Roll trim 
Slug posit~on command 
Slug position limit 
Slug drive 
4.8 
Component Make & Model 
Accelerometer Donner Model 4310 
Operational Nexus CQ,A-22 
Amplifier 
II Nexus. SA-60 
11 Nexus CQ,A-22 
11 Nexus C~-3 
Rate gyro U .S • Time 98-60,000 
Operational Nexus· CQ,A-3 
Amplifier 
II Nexus CQ,A-22 
tT Nexus. CQA-22 
Relay i Sigma 22RJC 
Motor Globe LL-2-45 
Weight 
oz. 
4.0 
1.5 
4.0 
1.5 
1.5 
3.8 
1·5 
1.5 
1.5 
1.0 
7.3 
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Table 4-II(Concl.) 
Circuit Function 
Roll Angle Computation· 
Horizon Sensor 
Roll angle detection 
Ro~ angle reset 
Roll angle in~egrator 
Roll Direction 
Programmer 
Ref'erence 
Fi~ure 
4.8 
" 
Component Make & Model Weight 
Oz. 
Photo Transition Texas Instr. LS-400 l.O 
& Optics 
Relay Sigma 22RJC LO 
Operational NexUs CQA-3 l.5 
Amplifier: 
tI Nexus CQA-22 l.5 
If Nexus SA-60 4.0 
It 2 Nexus CQA-22 3.0 
Relay Sigma. 22RJC l.0 
Timer Gayloard Reeves B322 8.0 
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No s:i.gnificant contribution to the background radiation is expected in the 
"blue" region due to ion:i.zed plazma sheat,h for the heating rates encountered. 
Ablating material primarily from the nose t:i.p will be incandescent and 
emitting as black body radiators. The density of material is low and there-
fore '!-rill not significantly affect the transmission of radiation from the 
horizon. The effect is to reduce the contrast between space-earth by increas-
ing the apparent brightness of the background a1 though t,he absolute magnitude 
of the difference between space-earth remains unchanged. 
The radiation from the plazma is somewhat noisy due t.o rJ:tfferences in the 
amount of ablating material passj.ng through the field-or-view of each instru-
mente 
The noise spectra is in tMo frequency domains: high frequencies associated 
with the transmit time of a particle through the field-of-view, and lower 
frequencies associated with the aerodynamic oscillations of the vehicle. 
The high frequencies can be filtered out in the electronics but the low 
frequencies are within the frequency range for indicating vehicle roll. 
The earth's limb radiance profile has been calclllated for 4200 A and is found 
to peak in the vicinity of 50,000 feet above the earth surface. Good agree-
ment with l:tmb radiance profiles measured with different filters during the 
Gemini series of flights was found (Ref. 19). The limb decays from 90% 
to 10% in 50,000 feet whioh represents approximately 1.1 degrees roll angle 
difference to the horizon at the flight altitude of 150-200 thousand feet. 
The intensity is expected to vary along the horizon line. However, the 
normalized profiles should be similar. Thus, the roll angle measurement 
difference between right and left horizons will be significantly less than 1 
degree. The one-half radiance poin~; is about 7 degrees below the yaw plane. 
The peak radiance value will be approximately l-~ x 10-3 watts! cm2 -sterad 
• • in a 2000 A band about 4000 A. 
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The optical part of the horizon sensor, Fig. 4-14, comprises two small 
tubes each containing a simple lens, filters, and a solid state photo 
device. An ambiguity resolver utilizes one photo diode to differentiate 
between roll angles less than 90 degrees and more than 90 degrees. 
The two tubes are pointed left and right out of the spaceeraft at 
angles of 5 degrees below the horizontal. At altitudes of about 200,OCO 
feet, the horizon is down 8 degrees from the hOrizontal, so the net sensor 
angle, with the horizontal plane, is -3 degrees. 
r:J.1he operation of the l'.orizon sensor circuit is illustrated in Fig. 4-15. 
Hith wings level both the sensors see the dark sky and their outputs to 
the differential amplifier are balanced to about zero net output. More 
than five degrees roll will light one sensor and cause a saturated output 
from the differential amplifier, either plus 10 volts or minu~ 10 volts, 
for right or left roJl, respectively. Since a roll of more than 169 degrees 
also causes both sensors to see the dark sky, an ambiguity resolver is 
included in the system, which Simply detects the difference between sky 
and earth to tell whether the vehicle is right side up or upside dmm. 
The only information delivered to the roll control system is the output 
of the roll angle computer, Which takes the roll rate as an input and 
integrates it to generate the roll angle. The voltage "E" represents roll 
angle, and is limited to 60 volts or 270 degrees. "E" is operated on by 
the horizon sensor to make the computed angle agree with the true roll angle 
at certain discrete points. Between these correction points it is assumed 
that the computed angle will follow closely enough to do the required job. 
Note that it doesn't really matte!' whether or not the commanded roll angle 
is actually attained .. at least for reasonably short periods<>of time. If 
the roll angle arrived at is insufficient to effect the desired correc-
tion in g .. level, then a bigger roll angle correction is co~~anded until 
the desired g-level is obtained. In the same sense, errors in roll angle 
from the horizon sensor are accommodated. 
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Normally the computed and actual roll angles are synchronized during puJ..lout 
when 'rings level is asked for and ba.rring unforeseen perturbations the 
two will remain fairly close from then on. If they drift apart from any 
cause, rewsynch occurs every time the computed angle is 5 degrees, the actual 
angle is 5 degrees or less, the actual angle is 169 degrees or more, or when-
ever the comput,ed angle is opposite in polarity from the actual angle. 
Generally, the small amplitude oscillations in g-level will cause the roll 
angle to be commanded through zero about every 10 to 15 seconds early in 
the flight, and more often later on. The re-synch frequency then is fairly 
high. The alternate passage of each sensor past the limb radiance peak 
yields a Signal which effectively bisects the sensor viewing angle to provide 
the vertical reference. Therefore, Variations in altitude of peak radiance with 
sensor wave length or atmospheric conditions is automatically compensated. 
4.3.3 Component Error Analysis 
Recent advances in the transistor sciences, particularly in the area of the 
field effect transistor, (FET), have made off-the-~helf operational amplifiers 
available with remarkable drift stability. The units te~ted for this applica-
tion are the product of the NEXUS LABORATORIES, and three different sizes were 
checked. The highest quality lllli t, sui table for use as an integrator and 
capable of ±. 60 volt output, has a volume of 3 cu. inches. Lower performance 
units good for ±. 20 volts and ±. 10 volts output are only .7 cu. inches in 
volume. This error analysis is based on the Nexus amplifiers produced in 1965 
but since that time many improved models have been marketed. The analysis :,:)re-
sented, then, may be considered very conservative. 
The g-error integrator computes a velocity error which in turn controls the 
g-level. If this integrator has an erroneous RC (Resistance - Capacitance) 
time constant, the effect is identical to an equivalent error in time rate. 
Time rate error effects are minimized by working around a null, where the 
integral of zero is still zero regardless of the error. During pullup, the 
g-errors are not zero and therefore an integrator error during the initial 
period of reentry will accurmnulate an error in integrator output. The 
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conservative figure is 1.8 miles per percent since a good integrator 
should do b0tter than 1 percent. 
For solid state devices the integrator drift is a function of temperature. 
The figure given is computed for a constant drift rate starting at time 
zero and ending at 800 seconds. This figure is directly effected by the 
scaling used and the maximum available voltage level of the integ.£'ator. 
10 micro gls per second is a representative value considering the appli-
cation, and this source is the largest single contributor to the range 
error. 
Integrator initial condition is the manually input "velocity offset.1I 
Nominally, this input ~ ~ between 300 and 800 ft/sec. Allowing 1000 ft/sec 
as the maximum, the range error is 1.5. miles per percen~ of full saale. 
Any error in setting the velocity offset is effectively an error in 
velocity during the whole 800 seconds of flight t:i,me. 
Amplifier gain which determines the commanded roll angle per error in 
g-level contributes no measurable range error. Offset in this amplifier 
must be considered because it ca,uses the vehicle to be steered to a 
sUghtly different g-level thall. commanded. The effect is almost com-
pletely wiped out by the velocity integrator, leaving only a small probable 
range error. 
The timer is important only in its determination of the start of controlled 
flight. Since the spacecraft is traveling about 5 miles/second, the range 
error will be 5 miles for every second of error in the timer. 
The accelerometer selected is the nulling type which is set to read zero 
at the desired g •• level. The advantage of such a system is that the desired 
g-level is set in mechanically and ,'..m be calibrated in the laboratory 
rather than determined' electronically with the attendant errors of on-board 
temperature coefficients. An error of 0.110 represents a very c'onservative 
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estimate for this type of application and includes temperature drift 
as well as repeatability. 
The accelerometer gain, o~ volts output per g, is of importance only 
during pullup. A nominal reentry will start with the accelerometer 
reading a l-g error and decreasing to zero error at t-75 seconds along 
a fairly straight line. After once reading the l-g level (or zero g 
error) the accelerometer characteristics are relatively unimportant 
because the output will vary plus and minus about the zero point and 
one will cancel the other. However, during pullup, accelerometer errors 
will not cancel out and the velocity loop 'will compute an inaccurate 
velocity error. A figure of 1.5 miles per percent is conservative since 
most pullups will occur in less than 75 seconds. 
Standard linearity is in the 1 percent region and is predictable in its 
effect on range • Linearity error, the departure from standard, is esti-
mated to be 1 percent and its effect computed as listed. 
Hysteresis is another characteristic whose effects cancel during the 
oscillation about the nominal but accumulate during pullup. Based on a 
75 second pullup, the effect is negligible. 
The effect of these errors on impact range disperSion for a l-g flight 
of 800 seconds is summarized in Table 4 .. 111. The errors listed include 
every source of error in the electronics of the guidance and control 
system. The root sum square of these will result in a probable range 
error of 7.5 miles attributable to the hardware. Combined with errors 
from other sources (Table 4-1) the net is 16.3 miles. The important 
conclusion to be'drawn from the analysis is that errors arising from 
physical construction of the spacecraft (i.e~, pitch and yaw trim) ar.e 
much greater than those ariSing from run-of-the-mill hardware • 
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Table 4-III 
RANGE ERRORS FROM GUIDANCE SYSTEM COMPONENTS 
Error Source Error Rate Off-The-Shelf ~n~e Error~n.m.l ~. 
Equip Error 
Accelerometer 
-
Null Accuracy 2000 miles/g .1% 2 
Gain Error 1.5 miles/'/o 1% 1.5 
Linearity Error 1.3 miles/% .1% .13 
Hysteresis 150 miles/g .01% .015 
yelocitl LooR, 
Integrator Error 1.8 miles/% 1% . 1.8 
Integrator Drift 640,000 miles/g .00001 g/sec 6.4 
Integrator Initial 1.5 miles/% 1% 1.5 
Condition 
Amplifier Gain 0 1% 1.) 
Amplifier Offset 300 miles/g .001 g .3 
(Timer) 
Error prior to 5 miles/sec .1 sec .5 
reentry 
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The operation of the guidance and control system, g-level control, impact 
dispersion and spacecraft despin dynamics have been analyzed and demonstrated 
with several simulations of varying complexity and sophistication. 
The guidance concept was first demonstrated by incorporating the guidance 
equations into the PRESTO trajectory simulation (Ref.17). The vehicle 
roll response was approximated by an exponential transfer function 
{l/{s +(1» of AppendixE. From this simulation with constant aerodynamic 
and spacecraft characteristics, the fundamental behavior of the guidance 
concept and its capability to control to a constant deceleration level 
and precise impact range were established. The majority of the results 
shown in Appendices D and E were verified with this simulation. 
The spacecraft despin and dynamic motion behavior were demonstrated with a 
modification (RPM Version III) to the Roll-Pitch Motion program originally 
developed ~or roll resonance analyses of sounding rockets (Ref. 1 & 2). 
The basic program calculated angular motions (pitch-yaw-roll) about a 
prescribed trajectory of a symmetrical vehicle with lateral e.g. offset 
and longitudinal lift trim. The modification for these analyses incor-
porated asymmetric aerodynamic characteri8tics and inertial properties 
and a roll control system for the translating control mass. 
The final system synthesis and demonstration were accomplished with a 
second modification (RPM Version IV) of the Roll-Pitch Motion program 
to incorporate the translational degrees of freedom and the guidance 
equations for the mechanization described in Section 4.2. The results 
described in the main body of the report were generated with this 6-D 
Entry Guidance and Dynamics $imulation (EGADS). The program is described 
briefly in Appendix I. The most notable features of the program are its 
operating economy (4 second,S of flight per sec of UNIVAC 1180 computer 
time) for complete guidance, control and dynamics simulation, simple 
.1' l 
9, 
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inpllt procedures and plotted output. Furthermore , within the small angu-
lar motion constraints excellent agreement with more complete and complex 
6-D simulation is expected. 
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5 • SPACECRAFT DESIGN 
The objective of the conceptual design effort was to demonstrate the 
feasibility of packaging the required guidance and control hardware, instru-
mentation, and recovery gear within the size, volume, and weight constraints 
of the four-stage Scout launch vehicle. Existing hardware items were select-
ed in so far as possible in order to provide representative component weights 
and dimensions and to yield a realistic equipment arrangement to meet the 
weight and balance requirements of Section 2. A construction concept was 
devised to provide a basic spacecraft system which could accommodate various 
heat shield materials and fabrication techniques as well as individual test 
panels. In addition a "clean" .i.nterface bet"leen the heat shield experiment 
and the spacecraft . systems was considered highly desirable, so that experi-
mental instrumentation control could be retained by the experimenter. 
5.1 Spacecraft Description 
The essential features of the concepted spacecraft are summarized in Fig. 5.1. 
The spacecraft has a span of 2 feet and a length of 3.5 filet. The aerodynamic 
reference axis is 2.6 inches above the cone centerline. The primary structure 
consists of an aluminum monocoque sealable shell with external ribs to which 
the main heat shield is attached. The molded carbon phenolic nose tip is 
attached to the forward bulkhead followed by a fixed forward panel and 
leading edges of purple blend ablator. The heat shj.eld test sections are 
attached to the external ribs with a 1/2-inch gap between the primary 
structure, thus allowing test of double wall shields. 
All flight equipment components are mounted on a sliding tray attached to 
the base plate. By unbolting the base plate from the primary shell, the flight 
systems and test instrumentation are completely accessible for inspection, 
adjustment, and checkout. The spacecraft is attached to Scout with the standard 
Scout E section and the standard payload support ring. Spacecraft service 
for ground checkout and inflight start up from Scout is through the two 
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standard fly .. away umbilicals on the P8O"10ad support ring. The recovery 
parachute container is mounted wi thin the payload support ring. The recovery 
parachute container is mounted within the payload support ring for easy normal 
flight deployment. Just below >\jhe payload support ring, the horizon sensors 
are evident. 
The translating control mass mounted below the equipment is triangular 
shaped for a snug fit against the side wall at maximum displacement. 
The total spacecraft weight is 190 pounds "Thich yields a ballistic factor of 
W/CrA = 250 lb/ft2 • For this weight the maximum speed capability with Scout 
i~ 29,000 fps. The lift-to-drag ratio varies from 0.74 at orbital speed to 
0.9 near the end of the trajectory primarily due to the var:1.ation of the 
friction drag. 
The instruments and data system have been sized to provide six continuous 
channels and two commutated cha.nnels of 60 points each with a sample rate 
of 1 point per second. 'The tooasurements to be made along 'with the sample' 
frequency and charmel assignment are given in Table 5 .. I. 
5 .2 Design Const,raints and Requirements 
The only dimens:f.onal constraints for the spacecraft were that the sta.nda.:t'd 
Scout shroud and "E" section adaptor be used if possible. Figure 5 .. 2 
demonstrates that the vehicle fits into the standard Scout shroud with 
adequate clearl~nce for the 24 .. inch span with the principal axis aligned with 
the Scout fourth stage spin axis. The clean aerodynamic shape is maintained 
by the indentE;ld base mounting arrangement on the liE II section. The separation 
clamp has been rotated in order to satisfy the cleara,nce zone limits noted. 
The top near ledge intercepts this zone slightly. If this proves unacceptable, 
a shallow indentation along the top trailing edge can yield sufficient 
relief. No a~ditional ground service connections through the shroud appear 
necessary by virtue of the pair of twelve-point umbilicals on the standard 
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Table 5-1 
LIST OF FLIGHT MEA~UREMffiNte. 
Measurement Data Rate Channel R~n~e Measurement Objective 
Pitch rate Cont. 
Yaw ra.te Cont. 
Roll rate Cont. 
Normal acceler- Cont. 
ation 
Lateral acceler- Cont. 
ation 
Longitudinal 
acceleration 
IIgll Reference 
IIg" Error 
Velocity error 
Roll rate 
Differential 
horiz. output 
Crossrange 
computation 
Cont. 
1 pt/sec 
" 
" 
" 
" 
" 
400 cycle frequency " 
Roll conunand 
Left-right roll 
direction 
" 
" 
6 
7 
8 
9 
10 
11 
15 
15 
15 
15 
15 
15 
15 
15 
15 
Entry attitude & despin charac-
teristics 
Entry attitude & despin charac-
teristics 
High Entry attitude & despin charac-
teristics 
Low 
84 
Angle-of-attack during test 
period 
Angle-of-attack during test 
period 
Trajectory status & guidance 
system perfGrmance 
Trajectory status & gm.dance 
system perfGrmance 
" " " 
" " " 
" " " 
" " " 
" " " 
" " " 
Guidance & control diagnostic 
" " " 
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Table 5 .. 1 Cont. 
Measurement Data Rate Channel Range Measurement Objective , ......... 
Slug position 1 pt/sec 15 Guidance & control diagnostic 
Roll position II 15 II II " 
Battery voltage II 15 Spacecraft status 
Plus supply current II 15 " " 
Minus supply current " 15 " " 
Plus 75v supply If 15 " " 
Differential 75v II 15 " II 
supply 
Plus 15v supply " 15 " " 
Differential 15v II 15 " " 
supply 
400 cycle phase A " 15 " " 
400 cycle phase B " 15 " " 
Calibrate 1 Calibrate 
Calibrate 2 " Calibrate 3 " 
Sync. 1 " 
Sync. 2 " 
VSWR (1) Transmit 1 pt/sec. 15 Blackout severity 
VSWR(l) Reflect " 15 " " 
VSWR(2) Transmit " 15 " " 
VSWR(2) Reflect " 15 " " 
VSWR(l) Temp " 15 " " 
VSWR(2) Temp " 15 " " 
29 Pressure/ II 15 Mt1s Expt. obJec"tive 
Ablations Sensors 
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Table 5 .. 1 Concl. 
.. 
Measurement Data Rate Channel Ranse • Measurement Objective 
55 Thermocouple~ 1 pt/sec 18 Mtls Expt. Objective 
Calibrate 1 " 18 Calibrate 
Calibrate 2 " 18 II 
Calibrate 3 " 18 " 
Sync. 1 1\ 18 " 
Sync. 2 " 18 " 
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the Scout payload envelope. 
The relatively mild reentry test environment placed no stringent require-
ments on the ·spacec;i.'aft design. The most significant loading reCluirement arose 
from the Scout thrust acceleration during fourth stage firing. 
The important reCluirements imposed on the conceptual design are summarized 
below: 
• Environment 
+ 20 g maximum longitudinal acceleration at fourth stage °B.O. 
- 20 g maximum longitudinal shock at parachute shock 
3000 F maximum temperature at heat shield substrate 
180 rpm maximum spin rate 
30 deg. maximum coning angle at parachute deployment 
500 psf ma.'Cimum dynamic pressure 
• Recovery 
Subsonic parachute deployment 
30 fps maximum descent speed 
Floatation with 2-inch minimum free board 
Tracking beacon 
• Communications and Data 
a-band tracking and TIM 
Command link for destruct, or ground control 
6 continuous channels 
2 commutated channels (60 measurements each) 
Tape recorder with multiple playback 
• Instrumentation 
Heat shield thermocouples, ablation Sensors and pressure taps 
Longitudinal, normal, and lateral accelerometers 
Roll, pitch, and yaw rate gyros 
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Blackout sensors (2 VSWR) 
Nonitor G&C system operation 
• Mass Properties 
350-pound maximum weight 
Minimum roll moment of inertia 
Roll principal axis parallel to cone centerline 
5.3 Internal Arran&ement 
The arrangement of the selected equipment to satisfy the design requirements 
is illustrated in Fig. 5-3. The major subsystems are coded according to the 
.. table on the right. The guidance instruments and electronics are grouped 
about the vehicle center of gravity with the control mass motor mounted 
directly below. The control mass is position ahead of the ~ .g. and trans-
lates latel:ally below the data. system commutator and signal conditioner / 
oscillator. The tapE· recorder is located directly forward and flanked by 
the transmitter units. The command encoder and .. '!covery sequencer are placed 
irrimed1ately behind the c.g. The batteries are located at the top rear 
corners surrounding the parachute drogue gun. Diametrically opposite, the 
dynamic balance weights are disposed about the front of the tape recorder 
and transponder. The horizon sensors are mounted on the base belm-T the 
mounting ring and parachute cannister with the antenna flanking above. 
A relatively spacious arrangement results with the representative equipment 
items employed with easy access for checkout, repair or replacement of com-
ponents and for recharging or replacing batteries. 
The design of the translating control mass :i.s shown in greater detail in the 
upper right of Fig. 5-3. The unit is mounted on tiVO transverse support 
tubes attached to the primary structure. The motor and integral speed re-
ducer translate the overhanging control mase,motor, and housing through the 
spur gear train and rack on the aft support tube. The slug is configured 
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to a symmetrical 30-degree wedge for a snug fit to the spacecraft side to 
obtain maJtimum displacement. The drive motor maximum speed of 24,000 rpm 
provides a peak translation rate of 12 inch/sec. 
5.4 ~quipment List and Weight Breakdown 
The major spacecraft cemponents and internal equipment items are summarized in 
Fig .. 5-4. The structure and heat shield including the experimental. 
panels account for about one-third of the spacecraft weight. Since the primary 
heat shield constitutes only 50 percent of this weight, selection of heat 
shield materials other than Purple Blend specified for the study would not 
appreciable alter the total weight or balance. The low backface temperature 
limit (300oF) allows use of aluminum for structural members throughout. The 
guidance and control system including the lO-pound ~ontrol mass require only a 
small portion (10%) of the total. weight due to its basic Simplicity and 
elimination of external control surfaces and actuators and/or reaction control 
systems. 
The data and tracking systems account for about 17 percent of the total space-
craft weight.. The individual equipment items were selected from flight 
proven hardware and the circuitry based on experience with the Polaris reentry 
test data systems. 
The recovery system represents a straight forward deSign application of 
current state-of-the-art technology and available hardware. For the maxi-
mum impact velocity with.subsonic parachute deployment, the weight allowance 
for recovery is only 9 percent. A reflector incorp0rated into the canopy may 
be desirable to improve data transmission. For air retrieval, an additional 
allowance of 7 pounds for larger parachute (21.5 ft/sec. maximum descent 
speed) and increased structure would be required. The floatation requirement 
is exceeded for the conceptual design. With the parachute container and 
heat shield air space filled, a freeboard of 3 inches is achieved in the 
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SPACECRAFT EQUIPMENT AND WT BREAKOOWN 
MATERIAL / SUPPLIER WEIGHT (LB) 
STRUcrU~E 72.S 
HEAT SHIELD (INCL. EXPT) PURPLE BLEND / AL SUBSTRATE 46 
NOSE TIP CARBON PHENOLIC 11 
PRIMARY STRUCTURES AL IS.S 
GUIDANCE AND CONTIi'OL 16.5 
ELECTRON ICS CUSiOM (LMSC) 8.5 
CONiROL MASS 10.0 
£147;4 SYSTEM 21.5 
iAPE RECORDER BORG-WARNER 8.0 
TRANSMITTER (S-BAND) CONIC CTM-UHF-IA 0.7 
COMMUTATO~S (60)(10) (2) LIND 1.3 
ANTENNA 1.2 
MISC. ELECTRON ICS LEDER!LMSC/ELECTRO DEY 6.3 
INSTRUMENTATION. WIRING 4.0 
TIiACKING AND COMMAND 9.5 
TRANSPONDER (C-BAND) MOTOROLA 3.3 
ENCODER / DECODER KELTECH 5.0 
ANTENNA LMSC t .2 
Fig. 5.4 
SPACECRAFT EQU IPMENT AND WT BREAKDOWN 
MATERIAL/SUPPLIER WEIGHT (LB) 
RECOVERY 17.0 
PARACHUTE IRVING 6.2 
DROGUE GUN McCORMICI( - SELPH 1.5 
RECOVERY SYS SEQUENCER NORTHROP) VENTURA 1.3 
BEACONS LMSC 2.0 
\0 CONTAINER FIBERGLAS 4.8 w 
MISC. EQUIPMENT 1.2 
POWER 11.0 
BATTERIES YARDNEY I-IR-IO 11.0 
DYNAMIC BALANCE WEIGHTS 40.0 
TUNGSTEN 
TOTAL 190 
Fig . 5 .4( c~mcl) 
, ' 
nose down attitude. Adequ~te metacentric stability is assured for the 
longitudinal c.g. location of this configuration. 
The Yardney silver cell batteries represent 6 per cent of the spacecraft 
weight. 
The dynamic balance weight allotment of 40 pounds arises primarily from 
the asymmetric configuration in the pitch plane. The principal axis of the 
spacecraft structure and heat shield is tilted up from the desired spin axis by 
4 degrees and would result in unacceptable pitch oscillations following 
passage through resonance during despin. The weight and balance and inertia 
summary analysis for the design is presented in Table 5-11. 
For the design described above, the principal spacecraft characteristics 
are summarized below: 
Base radius = 12 in. 
Cone angle 
Length 
A
ref 
~ase. 
Asurf 
Vol 
Bouyancy 
Weight 
w/Crfo 
w/cr). 
= 15 deg. 
= 3.38 ft. 
2 
= 3.14 ft. 
= 3.01 ft.2 
= 14.3 ft.2 
= 4.24 ft.3 
= 248 lbs. (minimum) 
= 190 lbs. 
= 250 lb/ft.2 
= 290 lb/ft.2 
5.5 Jlesign 1m;plicatio~ 
The conceptual design investigations conducted during this study and sum-
marized in this section have demonstrated the feasibility of packaging the 
spacecraft and equipment within the standard Scout shToud as well as 
LOCKHEED MISSILES 8c SPACE COMPANY 
~. Measured from cone vertex 
2. Measl!.;;'ed:from cone centerline 
3. Transferred to design center of gravity 
4. Inc~udes heat shie~d.1 substructure, rings, etc. 
, 
utilizing the standard "E" section payload adaptor. Furthermore, preflight 
checkout can be accompJ.ished through the existing service umbilicals. An 
attractive construction concept has been devised for flight testing heat 
shield panels and independent preparation and checkout of spacecraft and 
experiments. Furthermore, the design concept indicates excellent potential 
for reuse of the primary structure and equipment. 
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6 • FLIGHT TES'r PROFILE 
The proposed flight test profile evolved from consideration of the spacecraft 
descent profile, the Scout performance capability and dispersion characteristics, 
range safety, tracking and data acquisition, and fina.lly, spacecraft recovery. 
6.1 Scout Performance and Dispersion 
The Scout trajectory shaping was achieved within current operational constraints 
yet obtained optimum performance to specified injection conditions. The Scout 
profile was generated with the TOLIP program (Ref. ao) developed by LMSC 
expressly for Scout preflight planning including performance optimization, 
linear pi toh progrannning, in,1ection dispersions, ra.nge safety and stage iUll!~,,~t, 
and ground tracking progrannning. This tool allowed realistic and comprehensive 
performance and dispersion eValuation to be accomplished early jn the study to 
provide a solid basis for selection of the nominal flight test profile. 
The four-stage Scout vehicle consisted of the Algol lIB, Castor XM33E5, Antares 
X259-A3, and FW4Smotors. The nominal propulSion, mass, and aerodyna.m:f.c 
characteristics were supplied by the Scout Project Office at NASA-LRC and 
Reference 21. The performance was evaluated for a reentry flight path angle 
of -2 degrees at 300,000 and 400,000 ft. altitude. The principal operational 
constraints imposed on the trajec'\iory shaping were a maximum dyna.m:tc pressure 
of 1.0 lb/rt2 at third stage ignition and shroud separation, anr' max q == 2000 
lb/ft2• 
The performance capab1li ty and trajectory shaping are sununarized in Fig. 6.1. 
"Optimized powered trajectories with final stage burnout at 300,000 :rt and a 
-2 degree relative path angle yield reentry p~load capability of 350 lb at or-
bital speeds (25,700 fps: to 100 lb at 32,000 fps. If burnout alt~tude is 
constrained to 400,000 ft., a 15 1b payload penalty is incurred for a given 
velocitYe The burnout range for the optimum trajectories varies from 380 n.M. 
at orbital velocity to 410 N.M. at the higher velocity. The angle of attack 
varies from 20 to 30 over this range. 
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Constraining the burnout range to 2,000 N.M. to achieve flight t·est termina-
tion and recovery at Ascension Island (assuming launch from Wallops Island) 
causes a significant reduction in p~load at orbital speeds as indicated by 
6.1 (a). In addition, an angle-of-attack of 250 results which is undesirable 
during despin and guidance capture. The Ascension Island entry can be achieved 
by burnout uprange at a higher altitude followed by a coast to the desired 
reentry path angle and altitude as shown in the sketch 'of Fig. 6.1. P~load 
degradation and angle-of-attack at reentry are both reduced as shown in Fig. 6.1{b} 
and (c). Optimum reentry in the Ascension recovery area can be achieved with a 
coast range of 1000 N.M. and an entry angle-of-attack of 120 • 
Scout dispersions were evaluated for a 400 N.M. downrange entry and a 2000 N.M. 
downrange entry (1000 N.M. coast range) with the sources and performance, 
spacecraft, and wind deviations summarized in Table 6-1. The three Sigma RSS 
dispersions accrued through fourth stage burnout are also summarized in the 
table as dispersion elements. The principle contributor to the flight path 
dispersion is the fourth stage tip-off angle (2.72 degrees) which alone causes 
a .85 degree deviation in flight path. The primary sources of the altitude 
error are the first stage thrust deviations resulting in final altitude disper-
sions of +16,000 ft and -24,700 ft. These burnout dispersions propogate to 
the start of guidance {0.25g).as shown in Table 6-11 for the two cases conSidered. 
With no range control or correction, these deviations propogate directly to 
impact. Downrange and crossrange control teChniques are described in Appendix 
F. 
T.he initial position and velocity dispersions propagate directly unless correc-
tions are cormnanded based on tracking data. However, these effects are negli-
gible (about 1.5 n.m. for the velocity error) in comparison to the flight path 
induced dispersions. 
6.2 Spacecraft Performance 
The reentry trajectory profile for the nominal l-g descent of the spacecraft 
is shown in Table 6 ... II1. Tru3 guided range is 1570 n .m. from capture at l ... g 
deceleration. Despin from the maximum 3 RPS occurs at 0.32 g for the selected 
control mass of 10 pounds at about 220,000 feF)t altitude. Pull-up to the l-g 
point is accomplished at 188,000 feet altitude and 2!~,850 fps velocity. 
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Table 6 ... 1 
~~ DISPERSION SOURCES AND INJECTION DISPERSIONS 
Source Masnitude 
-- t3 (1) 
'l'hrust & We:l.ght 
Stage 1 ~ 5.ey{o 
2 + 4.4% 
3 :!:. 5.9% 
4 :!:. 3.6% 
Drag + 10% 
.... 
Stability Margin + 20 inches 
Thrust Misalignment 0.25 deg 
Control System Deadband 0.8 deg 
Fourth Stage Tipoff 2.72deg 
Launch Azimuth 0.2 deg 
Launch Attitude 0.1 deg 
Winds per NASA TN D-1249 
Dispersion Element !!i~ Low Yaw 
Al.titude- ft. 27905 -40849 -15743 
Velocity - rt/sec 110 
-
179 39 
Flight path - deg 0.95 - 1.03 - 0.20 
Down Range -n.m. 3.4 
- 7.1 - 1.4 
Cross Range - n.m. 
-
+ 2.1 + 8.3 
- -
101 
LOCKHEED MISSILES 8c SPAC:E COMPANY 
, I ;' I 
I 
, I 
I 
I: I 
! I 
Table 6 .. n 
ACCRUED DISPE~SION ~ START OF REENTRY GUIDANCE 
Impact Range - n.m. 2430 4370 
High Low High Low 
Time - sec. + 131 
- 52 + 283 - 94 
Range - n.m. + 555 - 221 + 1200 - 400 
Crossrange .. n.m •. :t. 3.8 :t. 3.8 :t. 7.0 :t. 7.0 
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Table 6-II1 
~ENTRY TRAJECTORY 
t(l) h V Axle R 
Sec. 1000 ft. 1000 FPS Deg. g's N .M • 
. ..... I 
0 300.0 25.71 -2.00 0 380 
78 226.3 25.80 2.00 0.25 814 
143 188.5 24.85 0.16 1.00 892 
169 187.1 24 .17 997 
231 182.4 22 .21 1232 
293 177.3 20 .25 1446 
355 174.5 18 .31 1640 
417 171.3 16 .39 1813 
479 167.6 14 ·51 1966 
541 163.4 12 ·70 2099 
603 158.5 10 1.02 2211 
665 152.7 8 1.63 2303 
727 145.2 6 2.85 2374 
758 135.7 5 3.85 2402 
789 124.3 4 6.13 2425 
820 110.5 3 11.6 2943 
<,.' 851 91.8 2 26.9 1.00 2455 
.,', 882 61.4 1 90.0 2462 
(1) Time measured from 300,000 ft. 
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Sufficient time for spacecraft separation prior to 0.05 g is provided. ·No 
difficulty with adequate separation distance between the spent Scout fourth 
stage is anticipated because of its very low ballistic factor (W/CDA ~ 10 lb/ft2). 
If an added margin of safety is deSired, retro rockets to slow and tumble the 
fourth stage can be utilized with minor performance penalty. 
6.3 Flight Test Profile Description 
The selected flight profile is summarized in Fig. 6.2. Launch is from Wallops· 
Island along an azimuth of 130 degrees with fourth stage burnout at 300,000 feet 
about 400 n.m. downrange. Spacecraft separation, despin and guidance capture 
to l-g deceleration are monitored from Bermuda, as well as Scout injection per-
formance. The principal test period occurs between 200,000 and 150,000 feet 
altitude with recovery off the coast of South America. Continuous tracking 
coverage and data acquisition are maintained after Bermuda from Antigua and two 
ships. A recovery ship is stationed in the impact zone. The total range from 
Wallops Island is 2430 n.m. 
With the l-g descent profile adopted as a baseline for the study, the atmos-
pheric portion of the flight range is fixed as described in Sec:tion 4. -;·;;~ile 
the long-range trajectory (4370 n.m. from Wallops Island) could be obtained from 
the four-stage Scout with near maximum performance, unacceptable range dispersion 
were encountered as illustrated in Fig. 6.3. The large range dispersions are 
due to the combination of long coast range from Scout burnout to the 0.25 g 
altitude and the :t. 1 degree path deviations. Since guidance capture would 
occur just short of Ascension Island for the shallow (+ 1 degree) dispers~on 
case, reo overy near Ascension is precluded. Reshaping the Scout tra.jectory 
to yield burnout at 300,000 feet reduces the range deViations from Scout to 
within manageable magnitude. Furthermore, injection angles-of-attack are main-
tained small (2-3 degrees). 
A preliminary sequence of events from launch to impact is presented in Table 
6-IV. This sequence demonstrates compatibility with the Scout programmer for 
the proposed launch trajectory and establishes spacecraft programmer require-
ments • Events and timer functions were taken from Ref. 18. A delay of 8.8 
seconds between fourth stage spin-up and ignition allows sufficient time for 
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Table 6-IV 
SEQUENCE OF EVENTS 
Traj~ctor.y Parameters 
h V R 
Time (Sec .) Event How Accomplished Ft. FPS Deg N .M. 
- LOO Start payload programmer. Blo'!khouse 
Place guidance on stand-by. 
0.00 1. Stage I ignition Blockhouse o o 90.0 o 
2.+C= 0.0 
0.20 Start timer. Flyaway 
Start payload clock Flyaway 
3.00 ~l = 2.82530' Timer Function 1 :t41 96 90.0 0.8 
8.50 ~ C2 = .1.19724 Timer Function 2 1,205 298 81.8 0.8 
18.12 ~C3 = 0.79303 Timer Function 3 5,948 77J. 66.3 0.8 
34.62 ~C4 = 0.391774 Timer Function 4 23,810 1,877 51.6 2.3 
41.49 Maximum Dynamic Pressure 35,186 2,525 47.6 3.8 
78.60 1. Stage 1 burnout 1l.6,928 3,350 33.1 19.6 
2. -i-C5 = 0.50537 Timer Function 5 
87.59 1. Stage 2 ignition Timer Function 6 132,026 3,198 28.9 23.7 
2. Activate B controls Timer FUnction 6 
3. Separate first stage Stage 2 ignition 
4. Remove first stage control Stage 1 separation 
5. Switch in body bending filter . Timer Function 7 
6. -9-c6 = 2.86779 Timer Function 8 
[\ >,...... 
": .. :." 
Tab~e 6-IV (Cont.) Trajectory Parameters 
h V R 
Time~Sec·2 Event How Accomplished Ft. FPS Defa N.M. 
" 89.62 + C7 = 0.1J.1.~8 " Timer Function 9 1.35,1.63 37341. 27.8 24.7 p \', 
~ 
I. 1.28.1.9 1.. Stage 2 burnout 207,281. 97998 1.2.8 62.4 
Ii. 2 • ..Q-C8 == -0.1.201.6 Timer Function 1.0 
r 
1.65.0 272,785 0 1.. Shroud separation Timer Function 1.1. 9,775 7.0 1.23.7 
0 squib ignition ~ 
:r 2. Activate "C n burn contro1.s Timer Function 1.1. 
III 3. Sepa.!'ate second stage Timer Function 1.1 III 4. Remove second stage controls Stage 2 separation 0 
~ 5. Third stage squib ignition Timer Function 1.1. 
en 1.67.6 1.. Stage 3 ignition Squib deJ.a.y 273,552 9,773 6.9 1.24.7 (I) 
r 2.-9-C9 == 0.1.7594 
rr; b en 203.1. l. Stage 3 burnout Timer Function 1.2 304,453 1.7,660 2.020l.6 co SP 2. Activate tiC If coast contro1.s Timer Function 1.2 
en 3. Switch out body bending fi1.ter Timer Function 1.2 
" 4. -Q-C1.0 == 1..00000 Timer Function 1.2 ~ 
'Jf· 0 
1'1 211..1. ~Cl1. == 0.0000 Timer Function 1.3 
0 
0 21.8.6 1.. Spin motor ignition Timer Function 1.4 31.0,668 1.7,650 1..35 239.3 ~ ,. 2. Fourth stage squib ignition Timer Function 1.4 
> 3. Start E Section Timer Timer Function 1.4 Z 
~ 
220.1. 1.. Exp1.osive bo1.t ignition Timer Function 1.5 
2. Separate Third stage EXp~osive bo1.t ignition 
22l..1. Retro force command Timer Function 1.6 
225.1. Stage 4 ignition Squib delay 31.3,369 1.77645 .91. 264.5 
228,,8 Retro end ~02 dep1.etion 
r 
0 
0 
" I 1'1 
1'1 
0 
~ 
U) 
U) 
r 
'" U) 1-' 
0 SP 
'\0 
U) 
" > 0 
rrI 
t 0 
0 
~ 
" > z 
< ~. 
i~[ 
Table 6-IY (Cont.) Trajectory Parameters 
h V R 
Time (Sec. ) Event How Accomplished Ft. FPS Deg NoM. 
258.2 
278.2 
283.2 
284.3 
298.2 
336.0 
401 
691.0 
726 
ll06 
1300 
1305 
Stage 4 burnout 
1. Explosive bolt ignition 
2. Separate 4th stage 
1. Activate payload 
control system 
2. Move control mass 
to maximum o~~set 
3. Start data recorder 
Ax/g = 0.05 
Despin to p=O.O 
Start Guidance 
az./ g = 0.25 
Index clock Function 2 
ax/g = 1.0 
Start data read out 
real time & recorded 
1. Command range correction 
1. Command, pulldown 
1. Parachute squib igui tion 
1. Deploy parachute 
ttETT Section timer 
Explosive bolt 
ignition 
Payload programmer 
~unction 1 
Control system 
Programmer Function 1 
3007000 25?713 -2.00 379.5 
282,000 25 7713 -2.00 463.9 
2777500 25 7713 -2.00 485.0 
267,500 25,713 -2.00 
Aerodynamic despin 2647000 25,750 -2.00 
Signal ~rom guidance 
accelerometer 
226,300 25,750 -2.00 714 
G&C system 194,500 24,850 -0.16 892 
Clock function 169,000 25,000 -0.45 1879 
Programmer Function 2 1687000 147400 -1.0 1935 
Programmer Function 3 91,900 27000 -26.9 2455 
Baro switch 
Delay squib 
6,000 
5,000 
220 -90.0 2459 
220 -90.0 2459 
r 
0 
0 
" J: 1'1 
1'1 
0 
s: 
(I) 
(I) 
r 
1'1 
(I) 
IP 
(I) 
1i ,. 
0 
1'1 
0 
0 
~ ,. 
,. 
Z 
-< 
Cj " 
~ 
Table 6-IV(Concl.) 
Time (Sec • ) Event How Accomplished 
1555 1. Impact 2. Release parachute 
3. Start recovery aids 
"G tI switch 
"G" switch 
Trajectory Parameters 
h V R 
Ft • FPS Deg N.M • 
o 30.0 -90.0 2459 
-, "; 
, ! 
separation and third stage retro. A 20-second delay between fourth stage 
burnout and p~load separation ~as chooen to account for thrust tail-off. The 
spacecraft control mass which is centered during launch is moved to the maximum 
offset for despin by the normal operation of the control system about 5 seconds 
later. Despin and capture to the roll orientation commanded by the guidance 
computer occurs at 298 sec. The range correction reference time is noted when 
a / g = 0.25 at 336 sec. The nominal test condition of a / g = 1.0 is attained x . x 
at 401 sec. and maintained until t = 726 sec. when the range correction is 
switched in. End of guided flight is assumed at 1106 sec. when a hard pulldown 
is commanded by the programmer. Data readout from the recorder is begun 400 
sec after entry and continued during parachute descent until impact. About 200 
seconds are availa.ble in the event the parachute fails to function. After the 
parachute is deployed at 5000 ft. altitude, approximately 4 minutes are avail-
able for data readout. The parachute is released and recovery aids started' 
with impact at 1555 seconds. 
6.4 Tracking Coverage and RangeSafetl 
• 
The plan view of the test trajectory is illustrated in Fig. 6-4 corresponding 
to a launch azimuth of 130 degrees, from Wallops. The Scout third and fourth 
stage burns, separation, despin, and guidance capture are easily monitored 
from Bermuda. Complete trackage coverage for the remainder of the flight is 
maintained from Antigua and three ships. (A minimum radar elevation angle of 
3 degreeS was assumed). The maximum maneuver capability foot-print of ~ 450 n.m. 
has been used to determine the closest approach to the Windward Islands and 
defines the selected launch azimuth. This represents a worst-on-worst condition 
since it assumes that a malfunction leading to the maximum lateral range takes 
place at entry, that a command spin-up or destruct capability after blackout does 
not exist, and that deployment of the recovery system parachute does not in-
fluence the range safety ground rules. More detailed analysis may improve the 
Antigua tracking coverage sufficiently to elimina+'e the third tracking ship. 
The estimated dispersion foot-print for test spacecraft nominal guidance 
operation represents about 0.1 of the maximum maneuver capability. 
For the combined dispersions due to Scout and spacecraft with no range control 
or correction, the total RSS impact dispersions are: 
III 
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The dispersion sources for the spacecraft discussed in Section 4 yield a 
reasonable impact zone for recovery operations. The resultant RSS magnitudes 
are then: 
Downrange 
Crossrange 
+ 20 n.m. 
:': 15 n.m. 
The dispersion represents the estimated accuracy with which the revised impact 
point could be controlled with updated Scout perfQl~anCe information from Ber-
muda. 
The shallow profile Hnd long flight time for the lifting trajectory should con-
siderably enhance the tracking acquisition and continued coverage as compared 
to previous ballistic tests' especially from ships. The trajectory control 
demonstrated for thG concept will further improve the tracking capability by 
reducing the altitlvle deviations from injection dispersion. Comparison of 
data of Ref. 6 ind ... cates that blackout may be encowitered for C band ra.ciar 
tracking at about 240,000 feet altitude during the pullout maneuver and persist 
to about 22,000 fps velocity at 185,000 feet altitude. During this period 
primary tracking coverage is from Bermuda. The 400 second capacity of the ta~e 
recorder was selected to account for the expected data transmission with S 
band. 
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7. TES'l1 ENVIRONMENT COMPARISON 
7.1 Test Simulation Division 
As mentioned in Section 1, a contract objective is to demonstrate the test 
capability to simulate the heating environment for major portions of manned 
o 
entry spacecraft returning from orbital missio~s. A typical moderate LID 
manned spacecraft design (HL-10) and its environment are to be considered 
representative for the compax'ison. For ablating bodies, the local shear, 
pressure, and enthaply influence the material response and require duplica-
tion in addition to the cold wall heat inp\it. Manned lifting entry trajec-
tories from orbit fly at low Reynolds numbers without transition to turbulent 
flow as reported in Ref. @, thus only laminar boundary layer flow will be 
considered. 
The problem of simulating a heat pulse history can be clarified by dividiing 
it into two distinct parts. The first relates to the time history of the 
heat pulse (trajectory simulation) and the second to the level of the heating 
rate (the aerodynamics and flow field related simulation). The resulting 
separation of trajectory and configuration related parame~ers is shown in 
Fig. 7-1. The derivation of these relationships is given in Appendix J. 
The +eference heating, shear, and pressure are those quantities evaluated 
at orbital speed for a l-g deceleration. For reasonable descent profiles, 
the reference quantities are nearly constant with the changing density and 
velocity. (A similar assumption is that the local to stagnation heating 
rate-ratio does not vary.) For a change of angle-of-attack, the reference 
quantities require reevaluation. Since the heating, shear, and pressure are 
interrelated, duplication of the heating rate will insure that the other 
qu.antities are of the correct order of magnitude. 
• The trajectory effects are handled by ~/g - V/Vorbit relationship which 
accounts for the change in heating rate with velocity and the time since 
time history is \tl1ique for ~ given ~/g - V/Vorb history. (For a speCified 
landing point, the ao/g - v/vorbit history is set since this relationship 
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also governs the atmospheric flight range.) 
From this point the discussion is divided into two parts, first, the simu-
ltion of the trajectory (aD/g - V/Vorbit)and secondly, the capability of the 
test configuration to provide an adequate match of ~ref with the HL-10. 
7.2 Trajectory Simulation 
7.2.1 HL-10 Trajectory Boundaries 
To show the test spacecraft capability to duplicate HL-10 heating environment 
over the HL-10 reentry flight corridor, a newHL-10 corridor description is 
provided which presents corridor boundaries in terms of the matching relation-
ships, aD/g and V/V bot (using the vehicle aero characteristics), rather or J. 
than the more conventional altitude-velocity contours. The derived corridor 
consistent with data of Ref. a is presented in Fig. 7-2 for the (L/D) 
max. 
flight condition. The equilibrium glide boundary represents the only aero-
dynamic limit in the diagram. An arbitrary 40 Bl'U/ft2sec. limit line was 
chosen to indicate that a heat rate limit line may exist, especially where the 
spacecraft has some metallic heat shielding. For the limit line chosen based on 
Eqs. (7) and (16) of Reference 3 and data from Ref. 8 , th~ HL-10 lifting 
capability will permit equilibrium flight along this constraint boundary to 
the drag deceleration corresponding to the limit flight load factor (assumed 
to be that corresponding to vertical descent). An example of the modifica-
tion to the diagram by a limit transition Reynolds number is also shown. 
The defined drag deceleration-velocity diagram provides the map of' entry 
trajectories and environments that an HL-10 reentry flight research ·spacecraft 
would explore. A single drag deceleration-velocity trace defines a unique 
reentry trajectory. For example, a constant Reynolds number descent appears 
as a straight line through zero. Maximum time to ground occurs along the 
equilibrium glide boundary while minimum descellt time follows the lower con-
tours. The nominal equilibrium glide, the undershoot)' and the maximum 
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heating rate abort trajectories from Ref. 8 are transformed into their 
drag deceleration-velocity curves in the diagrams. 
For the reentry test model to conduct research applicable to HL-10 develop-
ment, it should have the capability for flight over as much of the HL-10 
drag-deceleration-velocity map as possible and also be capable of accurately 
duplicating HL-l0 trajectories (expressed as ~/g - v/Vorbit curves). 
Before presenting the corresponding map for the test spacecraft, it is instruc· 
tive to examine some of the more interesting trajectory examples not covered 
by Ref. 8.. These example descents are shown in Fig. 7-3. Resultant load 
factors of 1.0, 1.4, and 1.7 were computed from the ~/g values for trajec-
tories flow at (LID) • The lateral range available at (Lin) for these 
max . max 
constant deceleration descents is also shown. Note that maximum lateral 
range,.occurs for a resultant load factor greater than 1. Since (LID) 's 
t~'!,., 
greater than 1 are necessary primarily to provide lateral range (and 
secondarily to fly above heat :rate bO\mdaries for· reusable systems), the 
flight trajectories of greatest interest lie between the equilibrium glide 
and the 1 g deceleration descent trajectory. These fortunately are mild 
environments from the passenger standpoint. Cold wall stagnation heating 
data are given in Figs. 7-4 and 7-5. Since the approach trajectories are 
the same for all three cases, the heating rate histories vary little to 
400 seconds. The integrated heating curves emphasize the small differences. 
The net effect of the heating differences after 400 seconds is probably a' 
prelanding substructure temperature increase for the longer flight times, 
since reradiation from the char surface will account for a major portion of 
the heat rate difference. Since time to impa.ct is then the important variable, 
simula.tion of the l-g drag deceleration (1.4 g resultant load factor) descent 
should then prove sufficient since parachute descent times are added to the 
model flight times. 
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7 .2 .2 ~ Spacecraft Deceleration BO'Wldaries and Trajectory Simul.ation 
Capabilitl 
The basic test spacecraft guidance approach is to capture and follow with 
reasonable accuracy a programmed deceleration-velocity history through the 
primary heating period. Later in the trajectory the deceleration level is 
adjusted to correct errors that have built up the entry point so as to 
minimize impact point dispersions. This late correction of preguidance 
errors is ta.iJ.ored to error magnitudes representative of Scout. For precise 
injection systems (inertiaJ.J.y guided boosters), the small errors in altitude 
and flight path angle can be corrected during capture without significantly 
influencing the environment. 
The requirement for a programmed deceleration-velocity history in the test 
model is not restrictive since an HL-10 entry from orbit to a fixed landing 
site implies a preset nominal deceleration-velocity history. This contract 
has placed primary emphasis on constant deceleration descents, thus elimina-
ting a requirement for on-board programming of the deceleration with changes 
in velocity. The basic concept is no-t so restrictive Since the aerodynamic, 
trajectory, and roJ.J. control capability will not be impared by a varying 
deceleration history if the boundaries to be presented are not exceeded. 
Figure 7-6 presents the boundaries for the proposed test spacecraft based on 
the aerodynamics of Section 2 and the guided flight simulations of Section 4. 
The (Lin) equilibrium glide boundary does not represent a practical 
max 
deceleration limit since errors in actual LID from the predicted value wiJ.J. 
lead to range errors. A realistic trajectory control limit has been set, 
based on Appendix B. The boundary represents a fixed ability to adjust 
altitude (or correct deceleration level) for a given roll angle increment 
from that required for the specified deceleration. The vertical acceleration 
value chosen is double the value for which deceleration control (at 1 g) has 
been demonstrated. Note the small increment in deceleration required for 
control at twice orbital speed, indicating that good control capability can 
be obtained for more advanced flight tests. (Flight speed influences the 
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trajectory control equation only in the vicinity of the equilibrium glide 
boundary.) For the design trajectory shown operating between the control 
and equilibrium glide boundaries at less than half orbital speed will not 
produce excessive errors with less than 500 NJM. to go. 
An upper limit to the test model drag deceleration level has not yet been 
identified. It will probably be set by mechanical limitations of the moving 
mass roll control system. 
An overlay of the test spacecraft deceleration boundaries on the HL-10 diagram 
in Fig. 7-7 shows the trajectory coverage possible. The design trajectory 
is also presented for reference and indicates the heating of the type shown 
in Figs. 7-4 and 7-5 is readily obtained. 
7,3 Heating Level Simulation 
From the previous section an important range of HL-10 reentry trajectories 
can be duplicated by the test spacecraft, thus providing the correct time 
variation of the heating related quantities. If the reference heating rate 
values are duplicated, then an adequate simulation is accomplished since 
enthalpy, shear, and pressure are of the proper level. (These must be near 
the required values with the flight velocity simulated since their reference 
values are interrelated.) 
A comparison with HL-10 heating predictions is shown in Fig. 7-8. The heat-
ing distributions for t,he test model top, sides, and lower centerline are 
corrected to r~ference values from those given in Section 3. The comparison 
indicaues that the t.est model will adequately simulate a major portion of the 
~JJ-10 environment. The HL-10 windward ray heating is adequately bracketed 
over the length of the . spacecraft. Model windward ray heating 1s more repre-
sentative at forward body stations while the side heating appears to provide 
an extremely good simulation for aft stations. 
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, A comparison of the windward ray heating distribution between the test 
model and other possible test configurations, is shown in Fig. 7-9. HL-lO 
and SV-S heating and environment data are taken from Ref. g. As a conse-
quence of the constant flow inclination angle of lSo and the pressure 
overexpansion on the lower centerline of the Lockheed test model and the 
fact that the SV-5 re-enters at a high angle-of-attack (0( = 300 ), the 
heating rate gradient along the windward ray is much less than that along 
the SV-5 vehicle and a scaled HL-10. (For both of these vehicles the 
corresponding flow inclination varies from 300 to negative values.) Hence, 
if ablation material tests are desired in a more uniform heating environ-
ment, the Lockheed approach would provide a more adequate test bed. Note 
that neither a scaled HL-10 or SV-5 could provide proper heat rate simu-
'. 1ation on the HL-10 fore body and could not provide the heating level spread 
. ~ 
of Fig. 7-g except possibly in the separa't.ed flow region on the top where 
the flow uncertainties complicate the simulation. 
Figure 7-10 summarizes the results of Sections 7.2 and 7.3 by combining 
the trajectory and configuration effects and demonstrates that duplica-
tion of manned entry from orbit heating is achieved by the test model • 
. '.! i . 
) 
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8. CONCLUSIONS 
From the results of the investigation, the follaw.1ng conclusions can be 
drawn: 
1) Precisely controlled Scout lifting entry testing becomes practical 
through the concept. 
2) 
3) 
4) 
5) 
Manned lifting entY.'y spacecraft heating is duplicated by the test 
model. 
Optimum Scout performance is obtained for the required flight 
profile. 
Maximum speed capability is 29,000 ft/sec for the design. 
The test model concept is not restricted by Scout dimensional 
constraints. 
These results pOint out the importance of total concept research and 
integration. For the concept to work, current approaches to the config-
uration, the trajectory and the guidance and control required re-examination 
and modification. 
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APPENDIX A 
Programmed Deceleration Descent Properties 
Basic Considerations 
The descent equations relating entry altitude and velocity for a spherical 
non-rotating central body are: 
1 dV 
g dt 
~ 
:-.-g 
dh = V sin 71 dt 
- sin '11 (A-l) 
(A-2) 
Fot' a programmed drag deceleration, equation(A-2)is restricted. The rate 
of change of altitude has with it a corresponding change in atmospheric 
density which is coupled to the programmed deceleration. The restriction 
is made clearer if equation (A-2) is recast in terms of the atmosphere density 
USing the relationship: 
The resulting equation developed without any simplifying assumptions is: 
V 2~ 2 orb 
- (--) sin7= Ir V 
d 
dt 
2 g(~/g) [1 + V d 1] + Iv2 2g dt ~7g 
log (A-3) 
For a slowly varying W/CDA, as is the case when the angle-of-attack is ~ 
changed for trajectory control, the flight angle is shown to be uniquely 
determined by the drag deceleration time history. 
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As a result range control is achieved by controlling to a prescribed drag 
deceleration history. In addition, the trajectory adjusts for aerody-
namic and density uncertainties. 
An interesting series of programmed deceleration descents results if the 
following approximations and substitutions are made in the flight path 
angle equation: 
2 
2 (Vorb) < < 1 7JT '\ V 
W/CDA = Constant 
[ 1 + 2~ d~ an/g 1 = Constant = K 
·Then: 
sin ,,_ - 2 KSo. 
- fJ (~) (A-4) 
Reference 3 makes USe of this flight path angle assumption in deriving 
a wide range of programmed deceleration descents and corresponding flight 
environmental data. Table A-I indicates the drag deceleration-velocity 
relationships of special interest. 
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K=O 
1 K='2 
K=::L 
K=2 
K =_3.15 
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Table A-I 
SOME PROGRAMMED DECELERATION DESCENT OPTIONS 
a:rJg = (ar!g)orb (Vorb/V) 
2(K-l) 
-2 
an/g = (an/g) b (v b/V) or or 
-1 
aD/g = (ar!g)orb (vorb/v) 
ar!g = (ap/g) orb 
2 
~/g = (~/g)orb (vorb/v) 
4.3 
ap/g = (~/g)orb (Vorb/V) 
General Form 
Constant density altitude 
Constant free stream 
Reynolds number 
Constant deceleration 
Constant turbulent 
heating rate 
Constant laminar 
heating rate 
" ..... _." .. ~_ .... _~ __ "'--"_ ...... ~_ .. ~ . _ttoo_~_~._ .. _______ I0_ I , ... .. _ ..... __ ,._~ ............. ~ ... , .. .,...,-.~. ," 
I·" ! 
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APPENDIX B 
Perturbation Equations for Trajectory Contr~ 
Some insight into the ease or difficulty with which trajectory control 
cen be attained for varying flight conditions can be obtained by examining 
the perturbation equation of motion about the nominal vertical plane tra-
jectory. This appendix develops the perturbation equation for roll only 
control system in terms of the nominal trajectory conditions. 
For the sTllall flight angles typical of lifting entry the vertical tra-
jectory equation over a spherical non-rotating central body is: 
• V" 
- g 
Redefining variables in terms of traJe~tory (t) and perturbation (~) 
parts: 
" 
= 'Yt + 
and assuming that control is sufficiently good that, 
V = V t 
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The trajectory equation becomes, 
From the relationship, 
dh 
crt = 
. V" = 
V sin" = V" 
The second term in the above equation can be ignored in view of the small 
flight path angle 
In terms of trajectory and perturbation parts, 
Then: 
138 
, LOCKHEED MISSILES Be SPACE COMPANY 
This equation shows that the ability to adjust the g-level by changing 
altitude can be affected by velocity only through its 
Referring to the accompanying sketch and with the roll control angle 
4 ~ assumed small, 
ACL :::; CL max sin ( ~ 0 + .i ~ ) - CL Reqd 
ACL :::; CL max 
ACL = ~~ 
[sin ~o +A~ cos to] 
CL max cos ~o 
2 
- C L Reqd 
In approximate form CL Reqd is given by 
C :::; C [1 - ( V (VOrb ) 2 ] 
L Reqd D aD/g 
Then, 
C D 
aD/g 
-
CL max sin ~o 
Combining this equation with the trajectory equation provides the desired 
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, 
Tbe equation can be rearranged to provide aD/g - V/Vorb contours for a 
fixed trajectory controlability. In tbis form, 
.-------------~--------------~--
("n/g)t = LID (-h. ::~ h ) 2 + [l _ (V:b) 2 ( 
Tbis equation is tbe basis of tbe controllability contours of Sections 
1 and 7. 
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APPENDIX a 
ALTERNATE CONFIGURATION STUDIES 
. -
This Appendix covers a number of the aerodynamics studies performed in 
arriving a.t the final test spacecraft configuration. In performing these 
aerodyna.mic studies" a Newtonian aerodynamics computer program (FORMAC) 
was employed. This computer program, which can be used on the I1M 7094, 
the RR 1108, and the CDC 3200 computers, was developed especially for 
" 
configurations of the type under study. The configuration can be me:tie up 
of as many as 9 subsurfaces composed of flat plates, cones, cylinders, 
and elipsoids. As many as 54 geometric and aerodynamic quantity can be 
computed for the individual components or all of them in combination. 
A full range of ang1es-of-attack and sideslip is permitted. The program 
has also been adapted to Computer Graphics operation with the CDC display 
console and the CDC 3200 computer. This mode of operation was extremely 
valuable in the selection of the final test model configuration. 
Figure 0-1 summarizes the non-Newtonian aerodynamic contributors respon-
" 
sible for the LID degrada.tion fOI' the ba.~ic configuration. Since the 
aerodynamic trim is an im~ortant consideration in the configuration 
development, consideration of the effects of these non-Newtonian contri-
butors on the cent~r of gravity for trim is necessary. Figure C-2 presents 
a graphical assessment of these effects on trim CG for the basic 
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configuration and shows that for the bluntness considered the Newtonian 
center of gravity is nearly correct. Thus, in the alternate shape studies 
effects of non-Newtonian contributors on trim was not a factor in the 
eValuation (so long as the effective bluntness is similar to that for 
the basic configuration). Assessment of the effects of bluntness induced 
pressures on the CG for trim will require detailed wind tunnel testing to 
clarif'y the phenomena. 
The most obvious approach for reducing the over-expansion effect would be 
to reduce the effective bluntness since as shown by the equation in Fig. 
C-l the lift reduction is proportional to the square of the bluntness 
ratio. Figure C"3 shows th~ effect on Lin by extending the configuration 
keeping the nose geometry the same as for the basic configuration. The 
LID i's plotted versus the lower body bluntness ratio which is proportional 
'0 to the length extension9 By operating at 5 angle-of-attack, a Significant 
·improvement in Lin takes place. However, from Section 3 the predicted 
cross-flow effects on aerodynamic heating were considerable, even at 50 
angle-of-attack., Since lo¥ heating levels are deSirable, the remaining 
configurations studied were of the non-crass-flow type.(except at the 
nose tip)'. For the extended configuration family at zero angle-of-attack, 
small bluntnesses are required to bring the LID to values approaching 
the basic configuration NeWtonian value. Figtu-e C-4shows that extending 
the body in this manner i,s not permissible. To keep some lateral stability 
the requirement for zero C'tJ must be relaxed. A bluntness ratio of .15 
will produce a C. Ic > 1, and will negate the direct rolling moment 
'" , AfJ nfJ 
due to control mass displacement. 
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An alternate configuration having raked-in sides was thought to improve 
the roll stability - yaw stability picture by lowering the side force 
center of pressure. The effect of this modification is shown .in Fig. 
C-5. This approach reduced the Newtonian lift-drag rat:i.o and degraded 
the yaw stability at the roll stability limit. Indeed, raking out the 
sides would produce a more desirable configuration. The result is 
attributed to the changed nose tip geometry that comes about with raking 
the sides and hints at the strong trimming effect of the nose tip. The 
effect of nose tip geometry changes on the zero angle-of-attack aero-
dynamics is shown in Fig. c-6 and shows that Small displacements of the 
resultant force vector and the roll stability limit take place for 
quite large changes in nose tip geometry. The LID is also shown to be 
more affected than for the other modifications. From Fig. c-6 and more 
detailed nose tip investigations, a final nose tip geometry was selected 
for the test model. 
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APPENDIX D 
IMPACT RANGE PREDICTION WITH BODY MOUNTED 
-- ACCELEROMETER MEASUREMENTS 
The range control capability of the guidance system of Section 4 is based 
on the assumption of: 
1) No downrange wind effect 
2) Predictable crossrange wind effect 
3) Precise measurement of drag deceleration 
The effect of these assumptions upon range control accuracy is described 
in this Appendix. 
£2.Wnran~e Wind 
The downrange component of wind will not be effective in altering the 
total range to any appreciable extent. The mechanism through which the 
downrange component operates will be the increase (or decrease) of the 
aerodynamic velocity at any given instant along the flight path. Since 
the accelerometer and control system are maintaining a preset inertial 
deceleration, the aerodynamic velocity has no direct effect. An indirect 
effect is the slight alteration in the flight path angle time history, 
which, in the rigorous sense, does effect net range. The practical 
effect, though, is measured in feet rather than miles because a 200 ft/sec 
150 
LOCKHEED MISSILES Be SPACE COMPANY 
wind will only change the flight path angle a few thousandths or a 
degree, even after 700 seconds. 
Crossrange Wind 
The effect of crosswind on downrange distance brings out some interesting 
characteristics. It will take the entire flight time for the vehicle to 
assume the crossrange wind velocity. .Also, the heading remains constant 
after the spacecraft has weathercocked into the.relative wind. Figure D-l 
shows the vector relationship that exists when the spacecraft first reenters 
The spacecraft weathercocks to an angle whose tangent is the ratio of crGSS-
wind velocity to vehicle velocity. Then the crossrange acceierating force 
is the drag deceleration multiplied by the sin of the heading angle 
(~ sin (J). Since the downrange decelerating force is ~ C08 /J, the 
r~tio of thetw~ accelerations is tan p. The two velocities then are 
changing at a rate whose ratio equals the ratio of their magnitudes, and 
the process therefore continues throughout the flight. The average cross-
range velocity is ~ the crosswind velocity and a small downrange error 
accumulates as a result of the downrange deceleration being less than 
the desired level by cos P. The wind angle, p, is on the order of a 
few tenths of a degree so the error involved is minute. For a prediction 
error in crosswind of 100 fps, the crossrange error is 6.5 n.m. 
The foregoing analysis of error sources inherent in the basic concept 
shows that if a circular error probability in the order 01' 20 miles is 
acceptable for impact dispersion, then even the simplest means of 
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\ ~GrOund Track 
~ cos fJ 
Fig. D-1 EFFECT OF CROSSWIND ON IX>WNRANGE 
DISTANCE 
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compensating for these error will easily result in an order of magnitude 
safety factor, insofar as downrange is concerned. 
Accelerometer Orientation 
For precise control of the impact point, the deceleration along the flight 
path must be accurately measured. An angular orientation of the accelero-
meter from the flight path can result from misalignment of the instrument 
with the vehicle geometric axis and from a trim angle-of-attack other 
than zero. In Fig. D-2, c:. represents the SUll), of the misalignment and 
trim. The error rate in the drag deceleration is 1.75% per degree of 
misalignment (LID =1). Since the deceleration propagates directly to 
range, the range error rate is 30 n.m. per degree. For the trim uncer-
tainty of 0.25 deg and a misalignment of 0.1 deg, the resulting range 
error is 10 n.m. 
A second error which is closely associated with the error caused by 
pitch trim accelerometer misalignment, is the error caused by pitch 
oscillations about the trim position. If such oscillations are held to 
magnitudes of less than ~ 5 degrees then the contribution due to the 
cosine of the pitch angle is less than 02%, corresponding to about 3 
miles. The sin term of E,!uation D-2 can be considered to vary plus and 
minUh in equal amplituces for all practical purposes so that the net 
effect is zero. 
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The angle of sideslip, beta, introduces a component of the side force 
coefficip.nt, Oy, into the measured acceleration. The error in ~ is 
about .3% per degree of p. The corresponding downrange error is then 
4.5 miles. This indicates that the vehicle should be prevented from 
oscillating in yaw with amplitudes greater than about 2~ degrees. 
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APPENDIX E 
Guidance System Performance and Stability Analysis 
The basic guidance loop is outlined in Fig. E-l and shows the important trans-
fer functions which determine the characteristics of the guidance system. 
The LaPlace transform notation is used where l/ s is an integI'atiQn and 
lIes +CJ) is a simple exponential. time lag. "G" is used for "gain" where the 
designer has a choice ~d K where the coefficient is physical. 
Starting at the lert, the guidance electronics compares the mea,ured longitu-
dinal. deceleration with the commanded level to generate an error signal. The 
transfer function, "GlIs", is an integrator which computes the time integral. 
of the deceleration error or the velocity error. This is a standard "type 1" 
servo technique which will reduce the static error of ax to zero. The gain 
term, Gl' is verY' low because the integral error loop is destabilizing in its 
effect on the system. The value used is .005 gIrt/sec. "G " transforms the 2 
error signal. to a commanded roll angle at a gain of 1,800 degrees per g. In 
the practical mechanization of the loop, a limiter prevents command of more 
than 180 degrees, which is upside down. The lag term, 1/ (s + a), represents 
the time required for the roll control system to physically deliver the 
commanded roll angle. The "Kl" block converts roll angle to vertj.cal accelera-
tion, h double dot. TWo integrations of vertical. acceleration,(s2 ), will give 
the change in vertical. position, or altitude, which determines the change in 
deceleration. 
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The velocity error loop is included in order to control guided flight range 
precisely. Its function is to provide the nominal roll angle history which 
varies from 90 degrees at orbital velocity to z3ro near the end of the flight. 
The roll angle varies linearly with velocity, as shown in Fig. E-2. The 
primary loop then commands roll angle deviations from this nominal history to 
control acceleration errors to zero. With the spacecraft performing small 08cil-
lations about the nominal roll angle history, the range will be controlled 
quite precisely to the programmed range with a small bias. Only a small 
initial velocity error is needed to produce satisfactory operation and adequate 
range control. From computer studies an initial velocity error of 100 ft/sec. 
with a gain of 0.9 degrees per ft/sec. was selected as depicted in Fig. E-2. 
The range bias accruing from the linear "controlling" velocity error is 
40,000 feet for the 1 g descent profile. This bias is predictable and is 
included in the range calculation. 
For purposes of stability analysis, when considered over small ranges, all 
coefficients are considered to be constant. ~ and G2 are fixed by the design 
of the electronics. Kl contains ax/g and so depends on the instantaneous 
value of ax. Perturbations about the nominal value of ax will generally be 
less than five percent, which is negligible in its effect on overall stability. 
However, the last part in the Kl coefficient, sin phio' varies from one at 
the orbital speed to zero at the end of the flight so that the net coefficient 
will experience a considerable change over the flight time. Note that the 
phio is the roll angle for zero excess lift at the instantaneous value of 
altitude and velocity. K0 relates change in altitude to change in decelera-
c.. 
tion. For an exponential atmosphere, which is sufficient for stability 
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purposes, K2 relates change in altitude to change in deceleration. For an 
exponential atmosphere, which is sUfficient for stabi1ity.purposes, K2 will 
be constant because a given "h double dot" will produce the same rate of change 
in longitlidinal deceleration when considered in the region very close to the 
nominal value of ax. 
The root locus of Fig. E-3 shows the instability eXpected ·from such a control 
loop but that the operating point is very close to the origin for the gain 
coefficients discussed. The addition of a practical passive lead network 
provides complete stability as indicated in Fig. E-3. The method of design 
used for Fig. E-3 was to construct the locus for 270 degrees of phase shift 
without the lead network, then to add in a 90-degree semicircle tangent to 
the 270-degree locus~ The lead network is assumed to be practical if the 
ratio of zero to pole is less than 0.1 so the radius of the semicircle was 
adjusted until this criterion was met, always maintaining tangency. 
At the point of tangency the net phase shift will be 270-90, or 180 degrees. 
The gains over which the designer has control must be adjusted to giVe a 
total loop gain such that the operating point will be close to the point of 
tangency. The meaning of such a coincidence is that the loop will have its 
best possible drunping. For ax/g and LID values of 1, an almost optimum total 
gain of 0.476 is obtained for a roll gain (G2) of 1,800 degrees/g. 
Effect of LID and Acceleration Level 
TWo characteristics of the loop gain should be mentioned here. 
1) Gain is proportional to ax/g squared. 
2) Gain is proportional to L/D. 
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In terms of a practical mission profile, the first of these character,istics 
means that if a nominal 1 g flight is required to fly at 2 g or higher in 
order to correct for range dispersion, the gain will go beyond the 1.6 limit 
permissable for positive stability unless the roll gain is reduced to keep 
the product less than 1.6. On Fig. E-4 1.6 gain is the operating point where 
the locus crosses the j~axis. Roll gain may be reduced somewhat but at the 
expense of range accuracy since the velocity "controlling" error will be 
increased. 
The consequences of exceeding the positive stability gain limit are not 
catastrophic because of the pseudo stability inserted by the non-linear 
circuits of the guidance electronics, which limit the amplitude of any oscil-
latory tendencies. 
The maximum value ofax/g or Lin which may be feasible is a function of what 
performance would be considered acceptable. In terms of maintaining a desired 
g level for some period of time with peak excursions in the order of 10 
percent, levels of 5 g will be controllable providing the Lin ratio is 
reduced by a factor of g/ax• However, the range correction capability is 
decreased to a point which makes impact prediction questionable as shown in 
Fig. E-5 .. If the Lin ratio is maintained near 1, then controllability is 
deteriorating rapidly at g levels of 3 even with partial compensation through 
I'eduction of roll gain. 
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APPENDIX F 
RANGE CORRECTION TECHNIQUE 
Two techniques for correcting down range errors resulting from launch vehicle 
injection errors (a) g-level change and (b) flight termination are described. 
Cross range control is also described. 
Assessment of Injection Errors 
The basic guidance task is to control the deceleration level in a pre-determined 
way between two points. The first point :i.s designated Ts and is in reality ~ 
time rather than a point, and the second is Tst ' a stop or "dumptl time. 
The start of guided flight is arbitrarily chosen to be the time of arrival 
at 0.25 g deceleration, a choice which permits the control system to make a 
smooth pullout into the desired deceleration level with minimum perturbations 
from initial condition errOl'S. This time has been designated "To" and signals 
the start of the internal "velocity error 'l ihtegrator. 
The time interval between Ts and To is used to determine what action is neces·· 
sary to guide to the desired impact point. A variation in To, the reentry 
time, is sensed and handled by the guidance system, but only as a function 
of ·the time elapsed since Ts. If the vehicle :i.s not at its proper pre-
calculated geographical posit:,Lon at Ts ' no correction can be made. for the 
position error, and the impact point will be off by the same amount, 
nominally. 
L..OCKHEED MISSIL..ES Be SPACE COMPANY 
. . 
,; 
i 
In the event that it is feasible to transmit. real time ground commands to the 
spacecraft from a tracking ship or station, the Ts would be accurately 
determined and errors in impact point from this source eliminated. 
One of the contributors to an error in geographical posi':: lon at time Ts 
is an error in velocity prior to Ts' The pre-calculated geographical position 
. . 
at time Ts will be off' if the spacecraft has been travelling at the wrong speed. 
For this reason, it is desirable to choose a trajectory such that Ts may be 
set to occur as soon after separation from the boost stage as possible. 
Errors in velocity continue to propagate distance errors after the start of 
guided flight because the spacecraft has no way of measuring velocity directly 
; 
and compensating. The "velocity error" integrator can only compute the 
. " 
accUmulated velocity error resulting from errors in deceleration which is 
directly measured, but has no information on the initial velocity. In the 
case where ground commands are available, velocity information might possibly 
be sent directly or a close enough estimate of velocity error might be 
inferred from a radioed position as compared to the on-board programmed Ts. 
Tbese alternatives 'l'1ere not considered to be a part of the guidance study 
but are mentioned to aid in developing a useful perspective on possible 
overall systems. 
The deceleration program proposed to correct for errors in geographical 
position at the time of reentry is shown in Fig. F-l. Reentry is effected in 
a standard way with 1/2 the maximum range flown at the desired deceleration 
level. In the case of a 1 g trajectory, this would amount to 240 seconds. 
The balance of the flight would then be at some higher level as required to 
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correct for the initial range error. For example, a range error of 555 N.M. 
would r(1quire an increase in g level to about 2.6 g. The" step" method is 
preferable to a straight "dump" at the end of the flight because there is 
s~fficient time at the new deceleration level to stabilize and sense errors 
associated with the transient situation. There is a degree of uncertainty in 
the "dump" method if termination is required at high velocity because the space-
craft is in an uncontrolled pulldown maneuver which may take 90 miles or 
more to complete. In cases where the velocity is not so great, a flight 
termination technique would be satisfactory. The cross-over point is prob-
ably in the range of velocities below about 9,000 ft/second • 
. Range· Corre~tion Mechanization 
Two mechanization schemes for range correction are illustrated in Fig. F-2 
and F;..3. The on-board timer, possibly updated by radio conunand, sends a 
"time-zero" discrete to an interval timer. "Time-zero" represents the time 
at which the vehicle is supposed to be a particular position on the earth. A 
second discrete is sent from the accelerometer signalling arrival at 0.25 g 
of longitudinal deceleration. Nominally, the spacecraft will pullGutand fly a, 
fixed distance from the 0.25 g point and therefore the impact point will be 
predictable if 0.25 g occurs at the precomputed point and time. If 0.25 g 
occurs at some other time, the net range will be in error by an amount deter-
mined b:{ the veloci tyand the error in the time interval between time-zero and 
time-0.25. The ltg-level compute" block translat.es this time interval into a 
new g level which will be commanded at time-240, which is the half-range time, 
as covered in Fig. F-l. The on-board timer enables the new g-level to be 
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commanded when the 240-second time arrives, and the spacecraft completes the 
flight at this new g-level, arriving at the predicted impact point with zero 
velocity. 
The alternate method, Fig. F-3, computes a flight termination time instead of 
a new g-level, and when the termination time arrives, the spacecraft pulls down 
by flying inverted. 
Cross Range Considerations 
For initial missions cross range control is concerned only with steering a 
straight course, or at most, correcting out the effect of a predicted cross-
wind. If desired,the techniques used to steer a straight cou~se may be 
used to command a definite cross range distance. 
The most important characteristic of the cross range performance is the nearly 
constant rate of azimuth change available during the entire flight. This capa-
bility is shown in Fig. F-4 in terms of the azimuth rate coefficient based on 
a roll angle of 90 degrees and finishes the flight at a "wings level" attitude. 
The required roll angle is taken from Fig. F-2 to compute the coefficient "e" 
as a functior~ of time. 
The significance ofa constant rate of change of azimuth is that the cross 
range distance contributed by the guidance may be predicted with sufficient 
accuracy by a simple timing procedure. The method recommended involves the 
integration of a constant times the sine of the roll angle. When the value 
of this integration reaches some convenient level, the direction of roll is 
reversed. By commanding some net value for this integral, a net cross range 
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will be attained which can be easily calibrated • A slight refinement is 
available if the value of the constant is vaired linearly with time. 
This method will weight a given azimuth rate depending on the spacecraft's 
position downrange so that a given angle attained early in the flight 
contributes more than the same angle attained later in the flight when 
there is less range to go. Figure F"5 gives an indication Of how the 
crossrange changes with flight time spent rolled in one direction. 
Errors associated with the guida,nce concept and the physical construc-
tion of the spacecraft are very slight if the requirement is for a straight 
flight. The reversal of roll direction ,at frequent intervals cancels 
out the effects of the LID tolerance, yaw oscillation, and pitch trim 
discrepancies. Even the effect ofmislocating the local vertical does 
not become noticeable until the nominal roll angle reaches some 45 
degrees which is 75' percent of the total range. For example, if the 
computed roll angle were off by 5 degrees, the rate of turn in one direction 
would be computed at 6. percent greater than actual, and the other direction 
6 percent less than a~tual. The net effect would be slight even if the 
maximum crossrange were being commanded. In general, it would be expected 
that a maximum of 300 seconds would be required to pick up the desired 
azimuth angle and the rest of the flight would be a straight track over 
the ground. The nominal roll. angles used during the early part of the 
flight are greater than 50 degrees where an error of five degrees will 
effect the net azimuth angle less than 1 degree at 300 seconds, or about 
10 miles. The estimated tolerance in roll angle is + 1.5 degrees. 
-
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The effect of a mislocated ver'bical reference is more noticeable during the 
pull-up maneuver where the wings are level. Any error during this period 
will generate an azimuth rate which can bean important contributor to the 
tQtal cross range error. 
The pull-up maneuver for an entry angle of 2 degrees will require some 20 
g-second's of lift. If the vertical reference is off 5 degrees, 2.6 g-seconds 
will be directed cross range. The net azimut~ change for a 'spacecraft going at 
Orbital speed w~ll be 0.2 degrees corresponding to a. cross range error of 
about 7 miles. Again, it is emphasized that 5 degrees is more than twice 
the error in roll to be expected. 
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APPENDIX G 
ROLL COO'l'ROL SYSTEM PERFORMANCE AND STABILITY ANALYSIS 
The basic roll control loo}..> for the control mass only 1$ outlined in Fig. G .. l and 
depicts the applicable transfer functions which determine the characteristics 
of the control system~ The corresponding root locus of Fig. G-2 shows stable 
operations for the representative spacecraft, control mass and drive motor. 
Figure G-3 illustrates the effect of varying gains k'l and k 3• k'l is able to 
raise the resonant frequency and improve the overall response somewhat, but 
the damping remains low as would be expected from the root locus of Fig. G .. 2. 
Reduction of the rate gyro feedback, kJ' also improves the speed of response 
slightly. Regardless of the combination of gains chosen, the oscillatory 
nature of the system will remain. Also, it should be kept in mind that the 
responses shown are for linear systems and so are only valid for ranges of 
operation demanding less than the limiting values of motor torque and velocity. 
The effect of reaching a limit in torque or velocity is to increase the overall 
time to reach the (lonunandedotit.put without effecting the damping noticeably. 
From the operational. standpoint, the low damping is disadvantageous because 
of the reduced margin of stability against degraded petformance from any 
unforeseen source. Some ~dditional power is required to continually move the 
slug. 
Early in the study it was thought that faster reaction than provided by the 
slug alone might be needed. Hence, a mechauismto rotate the control mass for 
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a torque reaction in addition to translation was devised. Some additi,onal 
complexity was introduced by the clutching 'requirement to limit wheel speed. 
The control loop for the mass plus wheel is shown.in Fig. G-4. The corres-
ponding root locus of Fig. 0..5 demonstrates somewhat greater stability and 
damping than obtained with the translating mass only. The transient roll 
response with the wheel is shown in Fig. 0..6 and illustrates the control 
available over the damping characte,rhtic. By changing the rate gyro feed-
back, the system may be overdamped, as sho~, for k3 = 1, 01' slightly under-
damped, as shown for ~ = 0.5. Note also that the response is twice as fast 
as before. 
Figure 0.6 was generated with a system using only 1/3 of tht;! mass transla-
tional velocity and distance of Fig. G-3. The advantages obtained are (1) 
twice the available torque for the same translational mass; (2) 
reduced mas~ velocity generating less yaw perturbation; (3) complete control 
of damping for optimum stability margin; and (4) best response time by a 
factor of 2. 
Guidance Errors Associated with Roll Angle Control 
,The control of roll angle i.s "inside the loop", and, therefore, the accuracy 
of the control system is not particular~y critical. For example, if the 
control system gave an angle of 100 degrees when only 90 degrees were asked 
for, we would experience a 10 ft/sec. velocity discrepancy at the beginning 
of the flight. If the source of the error were such that it decreased linearly 
to zerO when zero roll is called for (the most likely type of error), then 
the flight would be flown with an average velocity error of 5 ft/sec., and 
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the accumulated range error would be roughly 4,000 feet. The insensitivity 
of the distance flown to errors in roll angle is evident; 0.004 percent range 
error per percent of roll error. 
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APPENDIX H 
DESPIN MOTIONCliARACTERISTICS FOR 
~_. _RI~C..;;L;;:;.IFT;;.;;;;I_NG;;....;.VEHI ___ CLE=-S 
One feature of the concept which simplifies the design considerably is 
the aerodynamic despin with the offset control slug. A reaction despin 
system is eliminated saving weight and complexity. Furthermore, despin 
is constrained until entry into the sensible atmosphere, and hence, dynamic 
pressure is available to aerodynamica.lly stabilize the. spacecraft • 
To insure that satisfactory prediction and control of despin behavior 
a..'1.d spacecraft oscillations couJ.d be achieved, a critical examinati0n of the 
motion character:i,~tics for lifting spacecra.ft wi t~ unsymmetj'ical aerody-
namics and inertial properties was undertaken. The results are described 
briefly in this Appendix. 
Existing motion theory for spinning symmetrical spacecraft with small 
asymmetries was found to provide conservative prediction for angle-of-
attack convergence and despin. A technique for eliminating the build.,up 
of trim caused by control mass displacement during passage through roll resonance 
was developed. 
LOCKHEED MISSILES Be SPACE COMPANY 
~espin 
The despin deceleration with the slug displaced is given by, 
where ON includes trim and angle-of-attack effects. For an exponential 
atmosphere and with 
dh dt = V sin ., 
dp = 
Yo ,C~l, V2A p,oe-'/Jhdh 
2 Ix V sin , -
Duri~g entry with zero angle-of-attack,.constant velocity and constant 
flight path angle, 
Yo Cr.. V2A 
A p = - 2 Ix flV sin" 
= 
YG~. q A 
Ix flV 'sin 1 
or 
This relation specifies the control mass required to deSpin a given spacecraft 
prior to a desired g-level. (See Fig. 2-1). For a given control mass, the 
despin performance of the spacecraft can be assessed easily for the range 
of injection conditions obtained with the launch vehicle as shown in 
Fig. H-l. Good agreement with the numerical integration (RPM) is 
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illustrated for the l' E = 2.7 deg case. The. minor differences accrue from 
the variable scale height ,-1 of the 1962 U.S. standard atmosphere used in 
the RPM computation. Note that the spin rate for roll resonance is proportion-
al to the square root of ax/g. Prediction of angle-of-attack convergence 
with current theory for symmetrical reentry spacecraft at constant spin rate 
is conservative as shown in Fig. H-l. 
The despin and angle-of-attack behavior with roll control is illustrated in 
Fig. H-2 for various initial spin rates. Because of ·the large built-in 
normal force asymmetry, the angle-of-a.ttack oscillations from the initial 10 
degrees cause only a small ripple in the roll rate histories. Excellent 
convergence of the reentry angle-of-attack is depicted on the right with a 
22~ reduction in amplitude at despin in each case. Subsequent pitch and yaw 
oscillations are well damped with increasing dynamic pressure. From despin 
at 0.25 g to pullout at 1.0 g, the pitch and yaw ampl1tudesare reduced by 
factor of 2 yielding an overall convergence of 2.5 resUlts from reentry. 
Even with large reentry angles--ot-attack such as shown here" satisfactory 
attitude control is maintained. 
Roll Resonance Control 
The moveable control mass must be located in the proper longitudinal position 
to achieve the ang1e-of-attack convergence of Figure H-l and H-2. The 
lateral movement of the center of gravity induces a yaw trim from the result·· 
ing drag moment. When paSSing through resonance at high altitude, an ampli-
fication of this trim occurs as illustrated in Figute H-3. Th~ peak 
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oscillation amplitude reaches 3.8 degrees, an amplification of 10, after 
despin. The peak amplitude after passage through resonance correlates 
wi th the rate of passage through resonance as shown in the right hand side 
of Fig .H-3. The prediction for constant spin ( Ref. ~ ) is seen to be 
conservative. 
The trim angle fJ trim can be cancelled by locating the control mass ahead of 
the vehicle c.g. as shown in Fig.H-4. With the control mass at the longitudinal 
c.g., the principal axis translateswith the c.g. causing the resultant 
fJtrim from the drag momem,. Wi t;h the control mass forward, the principal axis 
rotate~ when t,h~ slug is shifted laterally. B,y selecting Xm appropriately, 
the principal axis rotation can be made equal to the static trim angle. 
Hence, 
CD (K_2 _ Kx2) 
CL~ -"¥I 
An uncertainty in t;he c . g . longitudinal position or aerodynamic charac-
teristics then causes a discrepency oetween the principal axis of rot ation 
and the trim angle. Although the trim discrepancy is e.mplified by 10, 
the effects on t;he despin and angle-of-attack convergence is small as 
shown in Fig.H-5. 
After despin and capture to 1 g, the attitude oscillations are reduced 
furthe... by aerodynamic damping as shown in Fig. H-6. The expressior. for 
convergence was developed in Ref. 3. Note that after 300 seconds of 
guidec1 flight, the resirlual oscillp.tiona from entry would be reduced 
by a factor of 10. 
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APPENDIX I 
SIX-DEGREE OF FREEDOM ENTRY GUIDANCE 
!!]ID CONTro~ SIMULATION (EGIm' PROORAM 
The Roll Pitch Motion (RPM) program (Ref. 2) used for the despin and 
dynamic motion analyses of Section 4 and Appendix H was modified to 
incorporate the translational degrees of freedom and the guidance 
mechanization in addition to the control system and asymmetric spacecraft 
aerodynamic and inertia properties ° 
The equations of motion used are: 
. 0 
fJ - Au fJ - A2l a - ~ II fJ + B21 a = Cl 
.. 
a+AuCJ + A22 , .. - B:i.2a - '22 /l = C2 
f CJ,," - 6(1G + Clio' - ~xy cAl 
-6,;" + C):ol AdOO coar 1 
o C-
V = - _D q A - g sin Y 
m 
C Ib- IZ 
., = L cos 1 9, A - T 
UI. V 
cos" 
.i. C J. -
." = ~ sin If q A 
mV 
11 = V sin Y 
4CG sin r 
d 
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R • v cos" cos '" 
iR • v cos y sin til 
The guidance equations are 
• :I G3 r g t - a Ig - REFERl com l se x 'j 
where 
t t 
Ve = Voffset + { axl g dt - f.,. gset dt 
g t - a Ig - 0.05 <. REFER. <. gt - a Ig 
se x - - se x 
The Control Equations are 
; m = IS. l-CL -• - IS! • - K3 Y m - K4 Y m ] 
P wheel = ~ [~CL - ~ - IS! + ] 
The coefficients of thea-lJequations are: 
q A C TJij2 Cnr ) 
AU = mV ( ytJ - C A - Ii 
A12 
~ A C rrd2 
= m'l ( La - YY 
~l == 
-'22 = 
I I 
P (1 + Y - x) 
Ii 
Bu co .Cn,. q Ad/I'S + .2 (Iy - Ix)1 Ii 
C _ I 2 l1.2 • ma q Ad Iy +» (Ii - Ix)/Iy 
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-[ CL .. I I md
2 
r ] -B2l -p~ C = Y - x - - p mV I I~ i! 
- [ Ii - Ix md2 B22 ~ (CYtr CAl C ] = -p - Iy P mV Iy mol 
C C jCg cos r + C ," / Cl = ( mo cos A - A d + xy nIJ' q Ad Ii 
C2 = (ClIlo sin A- CA ~g s in r) q A-J./I Y 
The primary feature of the program is that it calculates the angula motion 
of t e principal axis about the trajector ; where the t rajectory inter-
action is included in the coeff icients. The sl'~~ecraft aerodynamics 
are described i n t he geometric axis and transformed to the: rotated 
principal axis when the cont rol mass i s displaced. 
Variable spa ecrafi. mass properties (m, lx, Iy, Ig vs. i me) and l i near &ero-
C C dynamic characteristics ( ma 1 1Dq, C C C C C C. nPel' A, La, YIJ' I{J' "IJ 
versus Mach no.) are handled by table look-up. CII1 is als o functi on of 
angle-of-attack. The atmosphere is described by a piece- w'i exponential 
fit. The Aaams-Moulton routine adjusts the time int(~rval t o i ntai n 
accuracy. Graphical output f or the Stromb· :rg-Carlson 4020 plotter is 
included • 
The resultant program i s economical t o oper ate s indicate 0 the next 
page for the available programs options : 
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Option 
Guidance 
Guidance & Control 
Guidance & Control & Dynamics 
Flight Time/Computer Time 
ecjSec 
22 
8 
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APPENDIX J 
DERIVATION OF ENVIRONMEmS SOOLATION 
-- EQU~IONS 
This Appendix derives the relationships which perm:J t separation of the 
reentry fli~~t environment into trajectory and configuration related 
parts and forms the analytical basis for the comparisons of Section 7. 
Convective Heating Rate 
The local heating rate can be expressed as: 
ci = ~tag <if ~tag 
Substituting the usual expression for stagnation heating: 
1 
'2 
• _ 17,600 ( . P ) 
q - ~ 'Pi~~el 
In terms of drag deceleration, 
1 
'2 
q = ;"6 [cnq 
The reference heat rate is defined as, 
1 
'l,.ef = ;; .6 [C:A r qf Q"tag 
n l 2.15 
q = ~ef (: r (V:
rb ) 
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For flight at constant angle-of-at-Gack for lifting entry trajectories 
of interest, the reference heat rate can be considered a constant. 
Shear Stress 
From Reynolds analogy, assuming a cold wall and a Prandl number of unity, 
the local skin friction coefficient based on stream conditions is related 
to the heating rate through the equation, 
The local shear stress is then, 
T : l7l.5 f~ge) + 
and from the equation for heating rate 
or 
with 
1 
.,. 
= l7l.5 r~§e) ~ef ( ?f (v:
r
S·15 
.,. 
= w.too (~) ~ef (~1 (-Lf5 25, 00 V g V b 
or 
(~)! (v:
r
S·15 ..,. .,. = ref 
..,. ref = .067 \.ef 
V 
edge 
V 
203 
LOCKHEED MISSILES & SPACE COMPANY 
Pressure 
The local pressure is available directly from the pressure coefficient, 
P = cpq + Po 
P _ q (Cp + 
At the high Mach numbers of interest, the second term in the brackets 
may be ignored, then 
P = Cpq 
P cp 
W (~) = OJ 
Thus: 
p C W = CnA ref p 
P = Pref ( ~ ) 
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